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PREFACE

Th e rapid creation of new space technologies and the active devel-
opment of space around the Earth over the past half century have 
led to the accumulation of a signifi cant number of objects of man-
made origin in Earth’s orbits. In turn, a signifi cant number of these 
space objects of man-made origin do not function, and hence form 
the so-called space debris (Alpatov, 2012). Th e main sources of 
space debris, as a rule, are the upper stages of launch vehicles and 
spacecraft  at the end of their active lifetime or in case of premature 
failure. Also, the sources of space debris are debris that has been 
formed as a result of the collision of space objects (for example: 
the collision of the artifi cial satellites of the Earth «Kosmos-2251» 
and «Iridium 33» in 2009) or the explosion of a space object (high-
energy explosion of the artifi cial satellite of the Earth «Nimbus-6» 
on May 1, 1991). Based on this, the American astrophysicist Don-
ald Kesler revealed the possible consequences of the rapid increase 
in fragments of space debris in orbits as a result of the collision or 
destruction of space objects into a large number of fragments. Th is 
eff ect shows the possibility of an avalanche-like increase in frag-
ments of space debris, which is the result of a «chain reaction» of 
collisions, as a result of which some orbits may even be unusable 
(Kessler, 2010). Th e growth dynamics of the number of cataloged 
space debris objects (SDO) and their fragments, which is published 
quarterly in the analytical reports of the National Aeronautics and 
Space Administration (NASA), shows that as of November 2019, 
about 14,800 space debris objects have been cataloged in near-
Earth orbits (Th e Orbital Debris Quarterly News, 2020). Also, it 
has been determined that the greatest concentration of space de-
bris is observed in low, close to circular, Earth orbits up to 2,000 km 
high, as well as in geosynchronous and high elliptical communica-
tion orbits within 20,000 km in the range of inclinations of 50...60° 
(Alpatov, 2017a, Alpatov, 2019a).

 Today, there are two methods of near-Earth space protection 
from pollution, which consists of the active and passive means 
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used for SDO deorbiting (Lapkhanov, 2019a; Palii, 2012; Dron, 2014; Alpatov, 2018; 
Alpatov, 2019b). Space propulsion systems and electromagnetic systems are among the 
active launch vehicles that spacecraft  are equipped with (Lapkhanov, 2019, Palii, 2012). 
Th e principle of operation of such systems is based on creating a braking pulse for the 
space vehicle, aft er the end of its lifetime, to reduce the altitude of the orbit and further 
burning in the dense layers of the atmosphere. Th e advantage of using these systems is 
the speed of operation and the presence of a signifi cant number of experimental con-
fi rmations of successful deorbiting. However, propulsion and electromagnetic systems 
require the presence of fairly signifi cant reserves of fuel and electrical energy on board 
the space vehicle for their operation and the effi  ciency of the orientation and stabiliza-
tion systems, which is diffi  cult to ensure aft er the end of the lifetime. Other subspecies 
of active systems are service spacecraft s (SSC) with contact and non-contact removal 
methods (Lapkhanov, 2019a;  Alpatov, 2018;   Alpatov, 2019b). However, the applica-
tion of SSC is a rather complex, multi-stage and energy-consuming task that requires 
signifi cant resources for its implementation and increases the cost. Based on this, the 
benefi cial eff ect of SDO removal with the help of SSC may not always exceed the total 
costs associated with the use of SSC, which calls into question the absolute expediency 
of this method.

 In turn, passive means practically do not require fuel and on-board energy for 
their operation. Known passive means under development are aerodynamic systems 
(ADS) (Lapkhanov, 2019a), (Alpatov, 2015; Alpatov, 2017b;   US patent for invention — 
6830222…, 2004), electrodynamic space tether systems (EDSTS) (Myshchenko, 2018; 
Myshchenko, 2017;   Myshchenko, 2020) and plasmadynamic devices with magnet-
ic braking systems (Kawashima, 2018; Shuvalov, 2018; Shuvalov, 2016; Lapkhanov, 
2019b). A characteristic feature of the functioning of these systems is the creation of 
a braking force due to an increase in the ballistic coeffi  cient of the spacecraft . How-
ever, despite the almost complete absence of fuel and on-board energy consumption 
for operation, passive means also have their drawbacks. Th us, for EDSTS, there are 
diffi  culties with deployment and stabilization of the relative position of the tether, aero-
dynamic deorbiting systems are exposed to atomic oxygen and factors of outer space, 
which can damage the shell or sail element, and plasmodynamic devices have not been 
tested in outer space. In addition, when using the listed systems, the deorbit time is 
quite signifi cant, and the maximum altitude of use is 900—1000 km, which may not be 
suitable for all orbits.

Based on this, a new concept has appeared, which consists of creating a hybrid 
means of deorbiting, which combines the advantages of several existing active and pas-
sive means of deorbiting. Th e use of such an approach expands the limits of the eff ec-
tive use of existing deorbit systems. For example, in (Dron’, 2019a), the creation of a 
hybrid propulsion-aerodynamic system has been proposed, which allows for the mini-
mization of fuel consumption for the deorbited SDO from high orbits. In the research 
paper (Pfi sterer, 2011), a hypothesis has been put forward about the possibility of using 
electromagnets to stabilize aerodynamic sailing elements to maintain the maximum 
value of the ballistic coeffi  cient of the spacecraft .
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ANALYSIS OF SPACECRAFT 
OBJECT REMOVAL SYSTEMS 
FROM LOW-EARTH ORBITS

1CHAPTER

 1.1. The problem 
of near-Earth space pollution

 Th e problem of the growing amount of space debris is one of 
the main global environmental threats facing humanity. Ac-
cording to data from the US NASA, as of April 2023, about 
16000 man-made space debris (SD) objects have been cata-
loged (Th e Orbital Debris Quarterly News, 2020). Th e main 
sources of SDO are the upper stages of launch vehicles (LV) 
and spacecraft  (SC) aft er the end of the lifetime. According 
to the generally accepted classifi cation, SDO are divided into 
three categories: small, medium and large (Table 1.1) (Lapkha-
nov, 2019a).

In 1987, the American astrophysicist Donald Kessler re-
vealed the possible consequences of an uncontrolled increase 
in SDO in orbit due to the collision of two large objects (Th e 
Orbital Debris Quarterly News, 2020). Later, this eff ect was 
named in honor of the scientist «Kesler eff ect» and showed 
the possibility of an avalanche-like increase in SDO due to a 
«chain reaction» of collisions, as a result of which some orbits 
may even be unusable (Kessler, 2010).

 Every year, the risk of implementing the described scenar-
io increases. Aft er the fi rst recorded collisions of active space-
craft  with space debris (Alpatov, 2012), considerable attention 
has been paid to this problem. Th us, aerospace agencies from 
all countries began to develop recommendations aimed at 
preventing the creation of new space debris from new launch 
campaigns, thus making the problem global. However, accord-
ing to (Th e Orbital Debris Quarterly News, 2020), there are 
already a large number of threatening SDO objects in Earth’s 
orbits, the deorbiting of which is necessary to prevent the Kes-
sler scenario.

Th us, the highest density of SDO is observed in low Earth 
orbit (LEO) (Fig. 1.1).
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Fig. 1.1.  Distribution of SDO density at the LEO altitudes

Classifi er Category

Small Medium Large

Th e largest diameter, m <0.01 0.01—0.1 >0.1

Possible consequences of 
a collision

Possible damage Partial / complete 
destruction

Complete 
destruction

Protection possibility Possible Impossible Impossible

Observability Unobservable, forecasts 
derived from statistical 
models are being used

Partially monitored Monitored

Estimated number >100 million Ca. 500 000 >21000

Share of mass from the 
total mass of OSD

Not established 5% 95%

Table 1.1.  Classifi cation of space debris objects



15

1.2. The current state of development of active systems for the space debris objects 

F rom the distribution of the SDO mass density, the most polluted regions 
of the LEO are located at altitudes from 500 to 1000 km. SDO deorbiting from 
the given altitude range can be carried out using both an active method and a 
passive method of deorbiting. Passive methods involve the use of existing physi-
cal fi elds or the external environment to reduce the SDO orbit altitude and with 
subsequent combustion in the dense atmosphere. At the indicated altitudes, 
from 500 to 1000 km, the force of aerodynamic braking and the eff ect of plasmo-
dynamic braking (Lorentz force) can be used to remove the SDO (Lapkhanov, 
2019a, Myshchenko 2018; M yshchenko, 2017; Myshchenko, 2020; Kawashima, 
2018; S huvalov, 2018; S huvalov, 2016; Lapkhanov, 2019b). Active methods are 
based on the creation of an artifi cial impact on the object of space debris, or the 
use of an additional resource of the spacecraft ’s propulsion systems.

1 .2. The current state of development of active systems 
for the space debris objects removal from working orbits

A ctive means of SDO removal are based on the use of SSC or additional resources 
of spacecraft  propulsion systems for removal from working orbits aft er the end of 
the shell lifetime period (Palii, 2012, Lapkhanov, 2019a).

Th e notion of «SDO remove» will be understood as a part of the deorbiting 
process, during the initial transfer of SDO to orbits where the term of lifetime 
сorresponds to the requirements.

Means of removal involving the use of SSC can be divided into two groups:
 contactless means of removing space debris objects, based on contactless 

impact (generating of ion beam, laser, etc.) from the SSC side on the SDO with 
the absence of direct mechanical connection (Alpatov, 2019b, Bombardelli, 2011; 
Alpatov, 2016a; Bombardelli, 2012; Khoroshilov, 2017;   Khoroshilov, 2018);

 contact means of SDO removal, using mechanical contact of SSC to SDO 
(mechanical manipulators, nets, cable systems, etc.) (Alpatov, 2013a; Shan, 2018; 
Pelton, 2015; Xin, 2011; Yoshida, 2004; Han, 2015; Moody, 2016; Wormnes, 2013; 
Benvenuto, 2015; Patent for invention US8979034, 2015; Dudziak, 2015).

Without the use of SSC, active removal systems use an additional resource of 
the spacecraft ’s propulsion systems, or, if necessary, the spacecraft  are equipped 
with additional propulsion systems for generating a braking pulse. In turn, to 
solve such a problem, various types of propulsion systems can be used, such as 
liquid, solid fuel and electrojet rocket propulsion systems. Th e use of such systems 
has a rather deep scientifi c and practical justifi cation, because it has been a topic 
of research in space science and technology since its inception. Th e principle of 
operation of such systems is based on the formation of a braking pulse, the vector 
of which is directed in the opposite direction to the main vector of the spacecraft ’s 
motion. In this case, the amount of spacecraft  motion per turn decreases and the 
spacecraft  begins a gradual descent to a certain altitude of the orbit, where its life-
time meets the requirements (Lovell, 2004). It should be noted that when using 
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active propulsion means for SDO removal, the process of deorbiting is carried out 
in a fairly short period of time. However, it should be noted that for this it may be 
necessary to have a signifi cant amount of fuel on board the spacecraft  to form a 
braking impulse, as well as on-board energy to provide the necessary orientation. 
Ensuring the reliability of the main systems of the spacecraft , the functioning of 
which is necessary for the implementation of this removal method, aft er the end 
of the lifetime, also causes additional diffi  culties. Th us, when designing such a 
class of removal means, it is necessary to take into account the redundancy of the 
main systems of the spacecraft , which leads to additional costs. Otherwise, when 
using the main systems of the spacecraft , the shell lifetime period must be deter-
mined taking into account the deorbit period, which can reduce the time of the 
spacecraft ’s useful operation. Based on this, it can be concluded that the advan-
tages of using active propulsion systems are speed and deep scientifi c and practi-
cal justifi cation. Th us, in the presence of SDO, which poses a signifi cant danger to 
functioning spacecraft  in orbit with a high density of spacecraft , it can be quickly 
removed with the help of propulsion systems in a fairly short period of time.

I n turn, active means involving the use of SSC have a much larger range of 
eff ective applications. Th e use of contact removal means on SSC (Alpatov, 2013а, 
2019b; Shan, 2018; Pelton, 2015; Xin, 2011; Yoshida, 2004; Han, 2015; Moody, 
2016; Wormnes, 2013; Benvenuto, 2015; Patent for invention US8979034, 2015;, 
Dudziak, 2015) can allow solving two main tasks of clearing the near-Earth space: 
transfer of SDO to burial orbits and transportation of SDO to appropriate pro-
cessing complexes within the framework of the concept (Alpatov, 2013b, , 2018). 
However, as shown in (Lapkhanov, 2019a), when using a grip with a rigid con-
nection, such as mechanical manipulators (Fig. 1.2), there can be signifi cant dif-
fi culties in capturing rotating SDO.

Taking this into account, another method of capture using a fl exible con-
nection has been proposed. Systems with a fl exible connection include special 

Fig. 1.2.  An example of the manipulator de-
velopment for capturing the upper stages of 
launch vehicles

Fig. 1.3.  An example of the special nets de-
velopment with a cable connection for cap-
turing SDO
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catching nets (Fig. 1.3) (Benvenuto, 2015) and harpoon systems with cable tugs 
(Dudziak, 2015).

It  is rational to use this class of active contact systems for tasks of SDO trans-
portation (Alpatov, 2013b,  2018) or tasks of transfer to burial orbits. However, 
when analyzing the possibility of using tugs with cable ties, diffi  culties have been 
also revealed that may arise during further practical implementation (Lapkhanov, 
2019a). Th us, when transporting SDO with the help of SSC with a cable connec-
tion, a necessary condition is to ensure stable movement of the connection aft er 
turning on the SSC thruster. In addition, the activation and operation of the SSC 
thruster can lead to longitudinal oscillations of the cable system and excite the an-
gular movement of the SDO, which can aff ect the stability of the link movement. 
Th e occurrence of such oscillations can occur in the case of signifi cant leverage 
between the point of attachment of the rope and the SDO center of mass and lead 
to entanglement of the rope itself. An impulse eff ect on the cable system when the 
SSC engine is turned on can also lead to a dangerous convergence of the SSC with 
the SDO and their subsequent collision.

Th us, control diffi  culties in ensuring the necessary stabilization of SSC-SDO 
connections when using active contact systems and insuffi  ciently complete sci-
entifi c and theoretical substantiation of the possibility of their mass use create 
diffi  culties in assessing the eff ectiveness of these means of SDO removal. At the 
same time, this class of systems can be a fairly eff ective technology to solve the 
problems of the concept (Alpatov, 2013b,  2018), but it requires signifi cant refi ne-
ments for further practical implementation.

It  should be noted that contactless active removing systems are also widely 
discussed among aerospace scientists. Th e most well-known example of systems 
for active non-contact SDO removal from low Earth orbits (LEO) is the space 
«shepherd with an ion beam» system, which was studied in the LEOSWEEP proj-
ect (Alpatov, 2019b, 2016a; Bombardelli, 2011, 2012; Khoroshilov, 2017, 2018).

Th e  concept of the «shepherd with an ion beam» is based on the use of the 
fl ow of ions as a means of transmitting a power pulse from the SSC to the SDO 
(Alpatov, 2019b, Bombardelli, 2011, 2012). According to the conducted studies 
(Alpatov, 2019b), the force transmitted by the ion beam from the SSC to the up-
per stages of the Cyclone 3 and Cyclone 4 launch vehicles is about several mN, 
which can be compared to the thrust of space microjet propulsion systems. In 
[30], with the help of computer simulation, it has been calculated that the speed 
of SDO removal from the ranges of LEO, with an altitude of 600—700 km is about 
1 km per day, and taking into account the reduction of SDO, it increases. Taking 
into account these characteristics (Khoroshilov, 2018), the time of transfer from 
an altitude of 640 km to an altitude of 340 km of the 1575 kg SDO was about six 
months. Also, it was shown (Alpatov, 2019b, Khoroshilov, 2017, 2018) that during 
the period of SDO removal, there is a theoretical possibility of maintaining the 
robustness of controlling the position of the SSC relative to the SDO and main-
taining the permissible accuracy of pointing the ion beam at the SDO. Th us, the 
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possible advantages of SDO removal (Alpatov, 2019b) with the help of a space 
«shepherd with an ion beam» can be emphasized in the following points:

 the relatively small mass of the SSC, which is 10% of the mass of the SDO 
(however, it is worth emphasizing that this condition is valid only for SDO weigh-
ing more than 1.5 tons);

 lack of direct contact with the SDO;
 the theoretical possibility of multiple use under certain conditions.
However, SSC with an ion beam also has many certain disadvantages, which 

makes this system quite complex and increases its cost:
 the operation of SSC requires a ground fl ight control center to adjust the 

trajectory and position relative to the air traffi  c control system, which requires 
additional costs;

 signifi cant costs of on-board electrical energy, taking into account costs for 
compensation of the ion beam action;

 the structural complexity of the system, which requires signifi cant costs for 
the creation of a high-tech system — a beam ion gun.

Considering the listed advantages and disadvantages of the « shepherd with 
an ion beam»  concept, it can be concluded that it has certain high indicators ac-
cording to some effi  ciency criteria (Alpatov, 2019b), but is very costly and unat-
tractive from an economic point of view. In turn, the use of «shepherd with an ion 
beam»refers to fairly fast methods of SDO removal from LEO, which has a high 
reliability of SSC in comparison with contact capture systems. Th us, with a pos-
sible hypothetical further practical implementation, the «shepherd with an ion 
beam» is recommended to be used in orbits with a critical level of contamination, 
for SDOs that are already in orbit and are not equipped with on-board removal 
systems (stages of launch vehicles, large fragments of the spacecraft , etc.).

1. 3. Analytical review 
of passive space debris deorbiting systems

Passive removal methods include aerodynamic infl atable and sailing systems, so-
lar sails, electrodynamic cable systems, and electromagnetic devices.

1.3.1. Aerodynamic deorbit systems

The harbingers of the creation of ADS were inflatable space aerodynamic 
systems. This class of space systems is used in spacecraft designs and its in-
flatable elements. For example, frames for the deployment of solar batteries, 
antenna surfaces of space telescopes, frames for straightening the panels of a 
solar sail, and rods for carrying scientific instruments to great distances from 
the spacecraft.

An  example of an infl atable space aerodynamic system is the «Echo» space-
craft  (Fig. 1.4) (Th e Echo-I…, 1964). Echo-1 spacecraft  has been designed as an 
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experimental, spherical, radio broadcasting station to operate in a circular orbit 
around the Earth to establish worldwide communication. Th e spacecraft  has been 
made of a polyethylene terephthalate polymer fi lm with a thickness of 1.27 ∙ 10–5 m, 
with an external coating of an aluminum layer 2.2 ∙ 10–7 m thick. Th e thin layer 
of aluminum performed two functions: refl ection of the incident signal, because 
aluminum has a refl ection coeffi  cient greater than 0.97 in the frequency range of 
400—10000 MHz, and protection of the polymer fi lm from the impacts of ultra-
violet radiation.

Infl atable systems are used to ensure low visibility of the spy satellite «Misty» 
(Fig. 1.5) (US Patent No. 5345238, 1994). To shield the satellite, it is proposed to 
use an infl atable device in the shape of a cone, which is made of a synthetic poly-
mer fi lm of the Kapton or Mylar type ≈1 mm thick, covered with an electrically 
conductive refl ective material, usually a thin layer of gold or aluminum. Th e sup-
pression of the spacecraft  signature includes additional mechanisms:

 an infl ation device (contains a powder-like agent that turns into gaseous 
form under the infl uence of solar radiation);

 a substance of a special chemical composition that covers the inner walls 
of the case, which hardens under the impact of ultraviolet radiation and gives the 
structure the necessary rigidity;

 preparations for degassing and dehydration of an infl atable cone;
 mechanisms to change the orientation of the cone relative to the spacecraft .
Before the spacecraft  launch, the fi lm cone is tightly folded in a sealed con-

tainer and it is deployed using a special mechanism aft er the satellite is launched 
into orbit. Under the impact of solar radiation, the powdered agent turns into a 
gaseous state and gradually infl ates the fi lm. Th e fi lm takes a given conical shape, 
which is fi xed by hardening a special composition applied to its inner walls. As a 
result, a strong and light structure of the given confi guration is formed.

In recent years, several projects of infl atable space antennas have appeared. 
Th e frame of such an antenna can be made in the form of an infl atable torus, to 
which refl ective and auxiliary surfaces made of synthetic fi lms are attached. At 
the same time, both surfaces form a closed volume, the creation of excess pressure 

Fig. 1.4.  Echo infl atable satellite Fig. 1.5.  Infl atable satellite «Misty»
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in which provides surface tension. Th e irradiating device is attached to the torus 
using a system of braces.

To the refl ecting surface, made of metallized fi lm and having the shape of 
a paraboloid of rotation or a sphere, a grid of quartz threads can be attached to 
maintain geometric dimensions and reduce temperature deformations.

Infl atable structures of space antennas cause their very compact stacking and 
are characterized by a small ratio of the structure mass to the area of the mirror 
deployment, equal to 0.15 to 0.25 kg/m2. However, in the manufacture of infl at-
able structures, technological diffi  culties arise since the frame has closed cavities, 
so the seams must provide high tightness, which during the operation of a space 
antenna of a similar design must accurately withstand the pressure ratio the torus 
and inside the main volume of the antenna.

Fig. 1.6.  Infl atable antenna deployed in orbit

Fig. 1.7.  Project of infl atable antenna for CommCube-1 spacecraft 
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Th e main disadvantage of infl atable space antennas is that when they are 
pierced by meteoroid bodies, they lose their effi  ciency. However, infl atable space 
antenna designs may be widely used in the future if they are designed and built 
using formable and self-curing materials with appropriate characteristics.

An example of the use of infl atable aerodynamic systems is the space ex-
periment of deploying an infl atable antenna in orbit (Freeland, 2014). Th e ex-
periment has been carried out as part of the Space Shuttle STS-77 mission. Th e 
antenna with a diameter of 14 m (Fig. 1.6) was fi xed on three sliding supports 28 
m long, fi xed on the satellite.

Initially, the entire structure was placed in a compact transport container 
measuring about 2 × 3 × 1 m, and its weight was 60 kg. Th e internal pressure in 
the antenna was about 0.003 mm Hg. Art. Th e experiment tested the procedure 
for deploying (infl ating) the antenna from the container and the possibility of us-
ing it for its intended purpose — for transmitting or receiving signals.

Infl atable space antennas have found application on space vehicles of the 
CubeSat class. An example is the infl atable antenna (Fig. 1.7) for the Com-
mCube-1 spacecraft  (Babuscia, 2013).

For the tests, two Mylar antennas have been made, one of which, when in-
fl ated, resembled a cone in shape, the other a cylinder. Aft er determining the 
optimal assembly method for each variant, the researchers were able to fi t the 
antenna (and some benzoic acid) into 10 cm3. In a vacuum chamber, where ben-
zoic acid turned into a gaseous state and fi lled the antenna, the developers tested 
the electromagnetic properties of the infl atable device. Th e cylindrical infl atable 
antenna worked a little better.

In (Lindell,  2006) describes the intention of NASA by the forces of the Lang-
ley Research Center, the Mechanical Analytical Society, the Douglas fi rm, and 
other partners to develop the mock-up shown in Figure 1.8, structurally very 
similar to the Russian Descending Vehicle (RDV) from the Demonstrator PBD to 
work out within the framework of the IRVE (Infl atable Re-Entry Vehicle Experi-
ment) technology of RDV with an infl atable braking device.

US specialists recognize that aerodynamic screens of infl atable construction 
have advantages over traditional rigid brake screens. Th eir use allows you to save 
the volume under the LV fairing for placing the payload, increase its mass, not 
limit the size of the screen to the available volume under the fairing, etc. One of 
the last development stages of the IRVE project to date includes a fl ight experi-
ment that took place in August 2009. Th e launch of the model RDV with PBD 
was carried out with the help of a launch vehicle, which raised the model to an 
altitude of about 210 km. 

At this altitude, the mock-up RDV with PBD (PBD mass — 40 kg) was 
separated from the LV and it began its free fall. During the fall, the PBD was 
opened and infl ated. Th e model entered the atmosphere at a speed of about 
1700 m/s (Mach number ≈5). 20 minutes aft er launch, the RDV crashed in the 
Atlantic Ocean.
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At orbits up  to 2000 km, the atmosphere exerts an impact on the spacecraft  
motion, in turn, the atmosphere exerts a signifi cant braking eff ect for space sys-
tems with high values of ballistic coeffi  cients at altitudes up to 700—800 km. Un-
der normal conditions, due to the relatively small cross-section of the middle, the 
impact of atmospheric fl ux is insignifi cant and the force of the aerodynamic per-
turbation does not create the necessary braking eff ect to deorbit the SDO from 
orbit. As a result, a number of methods have been proposed to increase the char-
acteristic area of the SDO, the main of which is the use of infl atable aerodynamic 
deorbit systems (Alpatov, 2015, 2017b; US patent for invention № 6830222…, 
2004), (Rasse, 2014; Roddy, 2016; Andrews, 2011; Viquerat, 2014; Patent of 
Ukraine for invention № 109318, 2015; Patent of Ukraine for invention № 113747, 
2017; Patent of Ukraine for invention № 109194, 2015), which are deployed due 
to the use of special infl ation and aerodynamic systems sailing fi lm systems de-
ployed using special mechanical devices and combined (US patent for the inven-
tion № 6550720; Gloyer, 2002; Patent of the EU for the invention № EP1989112; 
Dupuy, 2010; Patent application for the invention No. WO2012092933; Maesen, 
2007; Roberts, 2002; Alhorn, 2010, 2011; Anderson, 2011; Sinn, 2012; Wolanski, 
2012; PW-SAT2…, 2014; Williams, 2017; Sproewitz, 2017; Visagie, 2015; MMA 
Design…, 2013; Stohlman, 2014).

Infl atable aerodynamic deorbit systems. Th e accumulated experience of cre-
ating infl atable space aerodynamic systems served to create the ADS. ADS can be 
divided into groups:

1) ADS based on single or grouped shells;
2) fi lm frame and non-frame constructions of ADS, which are deployed;
3) ADS with the use of space object structural elements to reduce the term of 

their ballistic existence;
4) active ADS.
Aerodynamic deorbit systems based on single or grouped shells. Th e system 

given in (US patent for invention № 6830222…, 2004) (Fig. 1.9) serves as an ex-
ample of the use of single shells in the creation of an ADS.

Fig. 1.9.  Device for orbital lower-
ing of space objects

Fig. 1.8.  Project «IRVE»
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Th e proposed ADS is made in the form of an infl atable sphere made of a soft  
elastic shell. Infl ation of the shell allows for an increase in the cross-sectional area 
and accordingly increases the strength of the aerodynamic resistance, which will 
lead to a gradual decrease of the spacecraft  to the dense layers of the atmosphere. 
Th is system will make it possible to increase the ballistic coeffi  cient of the deor-
bited object by two orders of magnitude. Th e casing is expected to be infl ated 
using on-board gas reserves. Th is system is attractive from the point of view of 
simplicity and technical realizability, however, it has signifi cant disadvantages 
that are revealed under the infl uence of space factors, in particular SF. Th us, if SF 
gets into the shell, the formation of a hole, violation of the shell sealing, loss of its 
shape and a sharp decrease in its effi  ciency are possible.

Th e development of infl atable aerodynamic systems for deorbiting the SDO 
(Fig 1.10) is one of the most researched issues in modern aerospace science and 
industry. Th us, thanks to the achievements obtained in the course of the IDEAS 
project, several optimizations have been determined for the infl atable aerody-
namic deorbit systems of spacecraft  from orbit at the end of the period lifetime. 
Based on the IDEAS building blocks, research has been conducted to achieve a 
better ballistic ratio (deployment area / system mass) for infl atable ADSs and to 
integrate panel placement constraints.

One of the main  aspects of the mechanical design of IDEAS for inflatable 
ADSs is the modularity and scalability of the main components, for conve-
nient placement on all types of spacecraft, as well as ease of stacking and lay-
out (Fig. 1.14) (Rasse, 2014).

Fig. 1.10.  IDEAS mechanical design for infl atable 
ADSs

Fig. 1.11.  NASA Proposed Infl atable Retraction 
System for 1U, 2U, 3U CubeSats. 1 — infl atable 
mini balloon, 2 — packaging device, 3 — control 
board


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Th us, for NASA’s 1U, 2U, and 3U cubesats, a system is proposed that includes 
an infl atable mini balloon, a packaging and deployment device, as well as an elec-
tronic control unit for the infl atable ADS (Fig. 1.11) (Roddy, 2016). Th e infl atable 
balloon consists of thin metalized polyamide fi lms such as Kapton® HN, consist-
ing of several lenticular crystals that form the spherical shape of the balloon and 
a subsystem package suitable for spacecraft  integration. 

When calculating the deorbit time from an altitude of 550 km to 180 km us-
ing this infl atable ADS for cubesats 1U, 2U, and 3U, we have obtained results that 
signifi cantly exceed the requirements for the deorbit time of spent spacecraft  in 
25 years (Fig. 1.12).

It is worth noting that when conducting additional research on increasing or 
decreasing the diameter of the mini balloon, the lead time has changed signifi -
cantly, proportional to the size of the infl atable ADS. It has been also established 
that this system can be designed to carry the entire range of small satellites (<180 
kg) from orbits up to 1000 km high within the required time of 25 years.

In connection with the value of the materials used for the spacecraft  cre-
ation, as well as the possibility of their secondary processing and use, the task of 
preserving spent spacecraft  when they are deorbited from orbit has arisen. Th us, 
an approach has been proposed, which consists of the use of an infl atable ADS, 
which allows not only to remove the spacecraft  from orbit, but also to preserve it 
from burning in the dense layers of the atmosphere and from destruction upon 
impact with the Earth, using the principle of a kind of «cocoon» and a damper 
(Fig. 1.13) (Andrews, 2011).

Fig. 1.12.  Th e time of removal of cubesats 
1U, 2U, 3U from orbit using a system with 
an infl atable mini balloon with a diameter 
of 1 m

Fig. 1.13.  Infl atable ADS with protection of 
the SC from damage during reentry
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Th is system is designed as a stand-alone device that can be launched auto-
matically by the spacecraft  on a command basis or initiated aft er the end of its 
lifetime to accelerate deorbiting. Deployment is initiated by a latch mechanism 
that releases four spring-loaded hinged walls that slide apart to allow deployment 
and infl ation of the torus. Th e choice of the shell material has been made taking 
into account the tests of several infl ation mechanisms.

Th e cone consists of a high-temperature and high-strength commercially 
available fabric coated with a high-temperature fl exible ablation coating. Th e tori 
consist of a thin-walled infl atable balloon that is sewn into a high-temperature 
fabric casing at a deployable base. Th e cone is attached to the heat sink, which is 
located at the end of the shock-damping mechanism. Th e system is planned to be 
tested on a CubeSat 3U class spacecraft .

Th e next deployable infl atable ADS consists of a cylindrical infl atable mast 
that serves as a support structure for the 10 square meter sail used in the Infl ate-
Sail 3U cubesat demonstrated in the QB50 mission (Viquerat, 2014). In the un-
folded state, the infl atable mast has a length of approximately 1 m and a diameter 
of 90 mm (Fig. 1.14).

Th e main purpose of the device is to stabilize the passive state due to the shift  
between the pressure center of the sail and the center of the satellite mass center. 
Th e infl atable mast folds up and in the folded confi guration occupies no more 
than 63 mm of height in a cubic meter. Th e cylinder cover is an aluminum poly-
mer laminate, and the infl ation system consists of two small cold gas generators. 
Only one cold gas generator is needed for deployment and stiff ness of the boom, 
the second is for redundancy. Th e infl atable rigid mast is designed for a long 
service lifetime in orbit (>15 years). Because the process of rigid deformation of 
aluminum polymer laminates does not require chemical reaction or soft ening 
solvents, and because cold gas generators have been demonstrated to exhibit gas 
storage for many years in space, this system is well suited for forming structural 
components in SDO deorbit missions or other long-duration missions. Other ad-
vantages of the system include its simplicity (no moving parts), its fundamentally 
light weight, and the possibility of creating such ADSs for larger spacecraft .

Multi-module infl at able ADS (Alpatov, 2015,  2017b), (Patent of Ukraine for 
invention № 109318, 2015; Patent of Ukraine for invention № 113747, 2017; Patent 
of Ukraine for invention № 109194, 2015) has received a rather in-depth study and 
scientifi c and theoretical justifi cation. It has been determined that the creation of 
such structures allows for an increase in the reliability of infl atable ADSs. Th us, the 
use of multi-module infl atable aerodynamic elements allows the system to remain 
operational even in the event of space debris piercing the shell. Also, due to the use 
of a double shell, this design increases the reliability of the ADS when exposed to 
atomic oxygen and when electrostatic breakdown is possible.

Th us, it can be concluded that infl atable ADSs have a suffi  cient level of sci-
entifi c and practical justifi cation and are quite eff ective means of ADS removal. 
However, infl atable ADSs need to equip the spacecraft  with additional infl ation 
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systems, and are subject to the impact of space factors, which can change the ge-
ometry of the aerodynamic elements and reduce their effi  ciency. Also, it is rather 
diffi  cult to equip a space vehicle with an ultra-dense layout of the payload with 
infl atable anti-aircraft  guns.

Aerodynamic sailing fl at and frame shunting systems deployed by mechan-
ical devices. Unfolding fi lm stru ctures represent a class of aerodynamic devices, 
which are made of various types of masts and sheets of thin fi lm materials. In (US 
patent for the invention № 6550720; Gloyer, 2002) an infl atable combined trans-
port device for the  interorbital transfer of spacecraft  is presented (Fig. 1.15). Th is 
device includes a fl uid jet propulsion system and an aerodynamic braking device. 
Th e braking aerodynamic device is made in the shape of an umbrella from kapton 
material, which is covered on both sides with a thin layer of aluminum to increase 
strength. Th is device is designed to transfer a spacecraft  from geostationary orbit 
(GSO) to a near-circular LEO by using the force of the aerodynamic resistance of 
the atmosphere at the perigee of the spacecraft  orbit. Being in an elliptical transi-
tional orbit, when the spacecraft  reaches a perigee altitude of 155 km, this device 
deploys and begins to function. As soon as the required amount of kinetic energy 
is reduced, the device is either disconnected or folded up and stored on board the 
spacecraft . Th e development of this device is carried out by the company AeroAstro 
together with AFRL (Research Laboratory of the US Air Force). Th e designers of 
these companies presented several confi gurations of the device in the form of: balls, 
torus, umbrellas, etc. Th e design sample has been made in the form of an umbrella 
from six segments fi xed on infl atable masts. Several ways of deploying the device 
have been considered: radial extension, radial unwinding, spiral deployment, and 
sliding folding. Th e membranes are made of fabric material, which is covered with 
a polyamide fi lm for reinforcement. Th is device can also be used to carry out a ma-
neuver to remove spacecraft  from orbit aft er the end of their lifetime.

Fig. 1.15.  Device for interorbital transfer of 
spacecraft 

Fig. 1.14.  ADS consisting of an infl atable 
mast and a sail



27

1.3. Analytical review of passive space debris deorbiting systems

In (Patent of the EU for the invention № EP1989112; Dupuy, 2010) a device 
for satellites deorbiting from orbit is proposed (Fig. 1.16). Th e device is based on 
the use of an aerodynamic surface, which has been improved in such a way that the 
aerobraking device remains compact in the folded state, requires a small amount of 
energy for deployment — this makes its mass relatively small and gives high reli-
ability, ensuring the possibility of its use at the end of the satellite’s service lifetime.

In addition, the aerodynamic surface is designed in such a way that it per-
forms the functions of an orientation system and a system of deorbiting the 
spacecraft  from orbit aft er the end of its lifetime.

Once the airfoil is deployed, it contains at least one element of the airfoil, 
forming a three-dimensional structure consisting of at least two panels that pass 
along intersecting planes and form a dihedral angle.

In (Patent application for the invention No. WO2012092933), a device for 
the deorbiting of spent spacecraft  of the «Cubesat» class from the LEO has been 
proposed (Fig. 1.17). Structurally, the device is made of at least one aerodynamic 
element, which during the shell lifetime of the spacecraft  is in a folded position 
on one of the side panels of the spacecraft . Th e aerodynamic element is made in 
the form of a round shield. Th e shield contains a fl exible frame, which is made of 
material with structural shape memory, a canvas of thin-fi lm polymer material, for 
example, kapton, with a working temperature range of +273...+400 °С is attached 
to the frame. Th e thin fi lm web can also be made from a composite material con-
taining an aramid fabric, such as Kevlar. As soon as the spacecraft  has fi nished its 
lifetime, the device deploys, the cross-sectional area increases, and, due to aerody-
namic interaction, the spacecraft  begins to gradually deorbit. Th e advantage of this 
device is the absence of a device for deployment in its design, and the disadvan-
tages include increased weight, as a result of the use of rigid structures.

In (Maesen, 2007), a device for spacecraft  deorbiting is presented, which is 
made in the form of a four-sided pyramid (Fig. 1.18). Th e pyramid is made of a 
central infl atable mast with a length of 40 cm and four transverse infl atable masts 
with a length of 30 cm. Th e diameter of the masts is 1 cm, and the thickness of the 
multilayer material from which they are made is 120 microns (70 microns of fi brous 
composite material and two layers of Upilex-S material with a thickness of 25 μm).

Fig. 1.16.  Device for deor-
biting microsatellites a — 
experimental sample of the 
ADS; b — the ADS model
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Th e thickness of triangular membranes made of Upilex-S material is 25 mi-
crons. Th e mass of the infl ation system is 30 g. Th e mass of the entire system is 
94 g. Th e device in the folded state occupies a volume of ~16 cm3. Th e volume 
occupied by the entire system when folded is 103 cm3.

Th ere is a well-known ADS given in (Roberts, 2002), which is made in the 
form of a round shield made of thin-fi lm material (Fig. 1.19), for example, made 
of kapton covered with a thin layer of aluminum. Th is device has been developed 
as part of the MUSTANG project.

Another direction of the ADS development is the use of deployable sailing 
aerodynamic elements. Th us, the task of deploying an atmospheric sail for the 
purpose deorbiting of low-orbiting rockets has received active development in 
the last decade. Today, many test launches of spacecraft  with sail-based deorbit 

Fig. 1.17.  Spacecraft  removal device 
with deployable aerodynamic elements

Fig. 1.18.  A device for spacecraft  deorbiting, which 
is made in the form of a four-sided pyramid

Fig. 1.19.  Th e device for the 
spacecraft  deorbiting in the 
MUSTANG project

Fig. 1.20.  NanoSail-D2 ADS
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systems have been carried out. One of these test launches is the NanoSail-D2 
spacecraft  (Alhorn, 2011) (Fig. 1.20) developed by NASA, which was launched 
into orbit at the end of 2010. Th is spacecraft  was an exact copy of the main Nano-
Sail-D spacecraft  lost during launch on August 3, 2008. Th e three-unit CubeSat 
(3U CubeSat) was separated from another small FASTSAT spacecraft  on January 
19, 2011. Th e main goal of the NanoSail-D2 mission was to test the mechanism of 
deployment of the sail itself.

Th e use of the sail as atmospheric braking to deorbit the spacecraft  from 
orbit was a secondary task. Th e membrane consisted of four petals, which to-
gether formed a square with an area of about 10 m2. According to the prelimi-
nary calculations of the developers, it has been assumed that due to atmospheric 
braking, the spacecraft  would descend from the initial close-to-circular orbit, 650 
kilometers high, and burn up in the atmosphere in 70—120 days. However, the 
angular movement of the sail was uncontrollable and the satellite began to rotate 
chaotically. Th e eff ective area turned out to be much smaller than the nominal 
one, and it took 240 days to deorbit the spacecraft  from orbit (Anderson, 2011). 
Th e diff erence of 2—3 times between the expected and obtained lifetime shows 
the importance of detailed consideration of the issue of modeling the angular 
motion of the spacecraft  with a sail at the mission design stage.

Based on the technological advances of NanoSail-D, NASA is exploring an-
other advanced concept known as the FeatherSail. A FeatherSail has a sail that is 
divided into diff erent sections, each of which is equipped with a mechanical drive 
to change the angle of orientation of these sail sections (Fig. 1.21) (Alhorn, 2010).

Using this design makes it possible to change the direction of the solar 
pressure fl ux impact created by a particular sail panel, and hence, the load on 
the entire surface of the sail. Th is control method increases the controllability of 
the satellite solar sail and allows it to generate control torques in all directions 
using solar radiation pressure. However, given its complexity, this design has 
not yet been practically implemented. So, this sailing system is only at the con-
cept level, and so far no known mission has been planned using the FeatherSail 

Fig. 1.21.  FeatherSail concept Fig. 1.22.  FRODO module of StrathSat-R 
spacecraft 
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control concept. Aft er the successful deorbiting of the NanoSail-D spacecraft , 
many countries began to actively develop ADS projects.

An example of this is the StrathSat-R spacecraft  project. Structurally, this 
spacecraft  is made of a set of service systems and payload. Th e FRODO module 
(Fig.  1.22) (Sinn, 2012) is used as a payload. Th e FRODO module is a folded 
thin-fi lm structure in the form of a square pyramid, consisting of self-infl ating 
masts and sheets of aluminized polymer fi lm. To increase the survivability of the 
sail, under the infl uence of SF, the masts are divided into autonomous spherical 
sections. When deployed in orbit, the sail will have the following dimensions: the 
height of the pyramid is 0.512 m, the length of the base is 1.772 m, and the surface 
area is 3.628 m2. It is assumed that the sail will perform the functions of an aero-
dynamic and solar sail, which will allow bringing a 1.5 kg spacecraft  out of orbit 
from an altitude of up to 3.000 km.

Another sail tested in practice is the system on the Polish satellite PW-Sat. 
PW-Sat was launched on February 13, 2012, on the fi rst launch of the Vega launch 
vehicle, and placed into orbit with a perigee of 300 km and an apogee of 1023 km 
(Wolanski, 2012). Th e device is a simple 1U cubesat, and its atmospheric sail is 
similar to a gravity rod (Fig. 1.23). Instead of a standard sail design, a device re-
sembling a «tail» has been used on the satellite. Th e advantage of this approach is 
the simplifi cation of the deployment system since schemes similar to gravity rods 
have been used for a long time.

However, the device with the confi guration shown in Fig. 1.9 has several 
problems. Th us, the aerodynamic moment tends to orient the satellite with its 
«tail» along the oncoming fl ow. In this case, an increase in the eff ective cross-sec-
tional area will be observed only until the device calms down, and then — in the 
regime of small fl uctuations relative to the equilibrium position — it will become 
very insignifi cant. In the case of a greater infl uence of the gravitational torque on 
the spacecraft , the orientation of the satellite with its «tail» along the radius vector 

Fig. 1.23.  PW-Sat with a tail-shaped sail Fig. 1.24.  PW-SAT2 spacecraft  with an 
aerodynamic sail deployed in orbit
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is observed, which means that it is perpendicular to the oncoming atmospheric 
fl ow and maximizes its eff ective area. Th us, the required orientation is achieved at 
high altitudes, where the aerodynamic torque is small. Unfortunately, the force of 
atmospheric braking will also be small. When entering the denser layers of the at-
mosphere, for which an atmospheric sail is mainly intended, there is no favorable 
orientation. So, the mission of the Polish spacecraft  was unsuccessful, because the 
sail was not opened. Th is is due to the command to open it, sent from Earth, was 
not accepted by the onboard equipment. Without the sail structure, the process 
of cubesat deorbiting took more than two and a half years.

In turn, during the PW-SAT2 spacecraft  mission, it is planned to develop an 
aerodynamic sail also made in the shape of a square pyramid (Fig. 1.24), its sur-
face area will be 4 m2 (PW-SAT2…, 2014).

Another example of nano- and pico-class spacecraft  launch systems under 
development is the sail parachute launch system. Th us, at the beginning of 2017, 
the NASA space agency demonstrated a new technology that provides the oppor-
tunity to return the results of scientifi c experiments from the International Space 
Station to the Earth in their entirety.

Th e technology, named «Exo-Brake» (Fig. 1.25), is a fl exible braking device 
resembling a parachute that deploys from the back of the spacecraft  to brake it 
(Williams, 2017).

Th e fi rst stage of the mission involved the deorbiting of the nanosatellite using 
the passive Exo-Brake system. Th e braking parachute deployed from the nanosatel-
lite increased its aerodynamic drag and also increased its ballistic coeffi  cient. Exo-
Brake’s fi rst experimental fl ight was aboard TechEdSat-3p (TES-3p) and was de-
ployed from the ISS in November 2013. TES-3p was a 3U cubesat with an estimated 

Fig. 1.25.  «Exo-Brake» technology for safe removal and return to Earth
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lifetime of about eight months. Two-line 
elements collected from USSTRATCOM 
showed that TES-3p spent about 28 days 
in deorbit orbit before re-entering Earth’s 
atmosphere. Exo-Brake deployment with 
a forward cross-section of about one 
square meter reduced the deorbit time by 
about seven months.

Another example of the sail systems 
creation is the project of the European 
Space Agency called «Gossamer Struc-
tures» (Sproewitz, 2017; Visagie, 2015). 
«Gossamer structures» for solar sails 
require technology to control reliable 
deployment. To stop and restart the de-
ployment in case of failures, as well as to 

prevent the sail from entangling with other elements, appropriate methods of lay-
ing the sails are used. Gossamer-1 uses the knowledge gained in previous projects 
(DLR, Odissee, GEOSAIL), as well as previously developed carbon fi ber booms 
and modern aluminum-coated polyimide foil.

Concerning the deployment and development of mechanisms, it has been 
recognized that previous strategies had shortcomings related to the control and 
automation of deployment. Ultimately, these earlier projects failed to accomplish 
such a mission. Consequently, phased development focused on deployment has 
been conducted beginning with Gossamer-1.

It is a low-cost technology demonstrator as part of a planned three-stage scal-
able technology development that covers membranes, booms, photovoltaics and 
related mechanisms. Scalability means that Gossamer-1 (Fig. 1.26) is a technol-
ogy demonstrator using technology suitable 5 × 5 m2, for assembly of Gossamer-2 
wit h  25 × 25 m2  and Gossamer-3 with 50 × 50 m2.

A series of presented sailing systems has been developed for a dual purpose. 
For example, for high-orbit spacecraft , this sail has been proposed as a solar sail, 
and in low Earth orbit, as a sailing passive deorbit system of the spacecraft  from 
orbit aft er the end of its lifetime. Th e Gossamer-1 is based on a cross-boom con-
fi guration with four sail segments. At the geometric center of the spacecraft , at 
the point of the boom intersection, the central spacecraft  carries the main bus 
system of the satellite, including all electronics covering command and data con-
trol, the power supply system, as well as the ground communication system. Four 
side and sail deployment units are mounted on booms, one on each boom. In 
the folded confi guration, they are mechanically locked and electrically connected 
to the central unit. To deploy, the blocks are unlocked and detached from the 
central block by moving outwards, thereby simultaneously deploying the jibs 
and sail segments. During deployment, communication with the central unit is 

Fig. 1.26.  Gossamer 1 sail structure
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achieved using a wireless onboard communication system, each of which has its 
own power supply and onboard computer, since there are no wired connections 
in the booms.

Yes, it is planned to test this sample at an altitude of 600 km as a means of re-
moval. When launched, the Gossamer Deorbit Sail is extremely compact, taking 
up only 2 kg of space and weighing only 2 kg. According to the calculations, it has 
been determined that the sail would be enough to deorbit the 700 kg spacecraft  
from the 600 km orbit in just 1 year.

Another example of the use of sailin g infl atable ADS is the dragNET MMA 
system, which has successfully deorbited the ORS-3 Minotaur I platform from 
orbit within two years (Fig. 1.27) (MMA Design…, 2013; Stohlman, 2014). Th e 
dragNET MMA system consisted of four compactly packed thin membranes that 
have been produced using one electric drive. Deployment is accomplished by 

Fig. 1.27.  dragNET MMA sailing ADS

Fig. 1.28.  Variant of the spacecraft  design transformation
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spring energy acting through hinged booms, and once tensioned, the membrane 
forms an aerodynamic shape with high drag.

Th e dragNET launch system weighs only 2.8 kg and can launch a 180 kg 
spacecraft  from an 850 km high orbit in less than 10 years. Also, the main advan-
tages of this deployment of a sailing ADS should include high-performance, reli-
able spring-fed deployment and effi  cient, scalable packaging that allows dragNET 
integration for any spacecraft  design.

Th us, based on the conducted analysis of sailing aerodynamic deorbiting sys-
tems that are deployed with the help of mechanical devices, it can be concluded 
that this direction in the creation of passive deorbit systems is promising and has 
scientifi c and practical experimental confi rmation of space tests. Th e calculated 
data showed that the border of eff ective application of such systems is at alti-
tudes of up to 700—800 km, where the motion of the spacecraft  is signifi cantly 
impacted by the atmosphere and the deorbit time meets the requirements of 25 
years. However, it was noted that the effi  ciency of the application of fl at sail aero-

Fig. 1.29.  Scheme of deorbiting SDO using an active ADS
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dynamic elements decreases in the case of non-oriented motion of the spacecraft -
ADS system. Hence it has been established that for such systems it is necessary to 
take into account the need to stabilize the aerodynamic element perpendicular to 
the dynamic fl ux vector of the oncoming atmosphere.

Aerodynamic deorbit systems with the use of space object structural ele-
ments to reduce the term of their ballistic existence. 

Th ere are known methods and spacecraft  that use the results of the aerody-
namic interaction between the spacecraft  and the environment to perform their 
tasks, including by transforming their design aft er the end of their lifetime. Th e 
transformation is carried out exclusively with the use of special additional devic-
es, which, as a rule, are not necessary for the performance of the main functions 
of the spacecraft .

In (U.S. Patent for invention No. 6220548), it is proposed to use the trans-
formation of the spacecraft  design to expand the functional capabilities of the 
limited spacecraft  volume (Fig. 1.28). Th e design of the spacecraft  is made in the 
form of deployable modules. Expandable modules can be used as heat protec-
tion. Th e temperature-sensitive equipment is mounted on the inside of the rect-
angular deployable modules. Equipment and modules are appropriate. As soon as 
the spacecraft  is launched into orbit, the modules are deployed by rotating each 
module by 90°, thus, the heat-shielding surface is directed into outer space. As a 
result of the increase in the area of the heat-shielding surface, the maximum al-
lowable power of small, fi xed-shaped space vehicles increases. In another design, 
the heat-shielding structure consists of eight modules, each additional module is 
deployed by turning it by 90°.

Active aerodynamic deorbit systems. Th is class of aerodynamic deorbit sys-
tems implies the use of these systems to capture SDO and remove them from 
orbit due to aerodynamic interaction.

An example of this class of systems is the REDCROC project (Zinner, 2011), 
in which aft er capturing the SDO with the help of an infl atable device (Fig. 1.29) 
located on the service spacecraft , a spherical aerodynamic element is deployed, 
and the SSC-SDO connection begins deorbiting process.

1.3.2. Electrodynamic tether systems,  
electromagnetic devices and solar sails

Th e next method of passive deorbiting o f SDO is the use of electrodynamic tether 
and electromagnetic systems. Th e principle of operation of electrodynamic tether 
and electromagnetic systems is based on the generation of the electromagnetic 
fi eld of the spent spacecraft  with the help of special electrical devices, such as 
electromagnetic coils, highly conductive tethers and complex lattice structures. 
According to Biot—Savard  Laplace’s law, the electric current that fl ows through 
these devices generates an electromagnetic fi eld around the conductive circuits 
and the entire spacecraft  (Caparelli, 2001). Th is electromagnetic fi eld of the 
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spacecraft  interacts with the dynamic fl ux of ionospheric plasma and the Earth’s 
magnetic fi eld. As a result of this interaction, a braking force is generated, which 
transfers the spent spacecraft  to lower orbits with subsequent burning in the 
dense layers of the atmosphere (Kawashima, 2018).

One of the most famous examples of such  systems is the Terminator Tether 
(TT) electromagnetic tether system (Myshchenko, 2017, 2018—2020), (Hoyt, 
1998, 1999; Pardini, 2009). Th e basis of TT operation is based on the law of elec-
tromagnetic induction (EMI) and plasma dynamic braking. Aft er deploying 
a long highly conductive TT in the orbit during spacecraft  motion within the 
Earth’s magnetic fi eld (EMF), according to EMI, an electric current is induced in 
it. According to the law of Bio—Savar Laplace, an electromagnetic fi eld of its own 
is generated around the cable with an electric current, which, when interacting 
with the dynamic pressure of charged particles of the ionospheric plasma, creates 
a braking force.

Th eoretical estimations of the lead time when using TT for spacecraft  of diff er-
ent orbital groupings have quite optimistic results, which are presented in Table 1.2.

Analyzing these results, it can be concluded that the use of TT as a deorbit 
system is eff ective since TT can be used for a large range of altitudes. Also, ac-
cording to the data in Table 1.2, TTs can deorbit spent spacecraft  from orbit quite 
quickly compared to similar systems.

However, the operation of the TT has some diffi  culties associated with the 
stabilization of the relative position of the cable. Th e proposed TT length of about 
5—10 km makes it almost impossible to stabilize during deployment when using 
modern technologies. In turn, the conducted tests also showed the diffi  culties 
associated with the mechanical deployment of the TT, the possibility of over-

Table 1.2.  Th e time of some spacecraft  removal using TT

Grouping Altitude at 
perigee (km)

Inclination 
(degrees)

Removal time 
without TT 

(years)

Average removal 
speed (km/day)

Removal time 
with TT

Orbocomm 1 775 45 100 44 11 days
Orbocomm 2 775 70 100 11.6 41 days
LEO One USA 950 50 600 32 18 days
GlobalStar 1390 52 9000 22.3 37 days
Skybridge 1475 55 11000 18.5 46 days
FaiSat 1000 66 800 13.5 45 days
Iridium 780 86.4 100 2.1 7.5 months
M-Star 1350 47 7000 27 28 days
Celestri 1400 48 9000 26 32 days
Teledesic 1350 ~85 7000 1.7 17 months
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burning due to short circuits and maintaining the relative position of the space-
craft —TT system (Voloshenyuk, 2011). Th us, the TT, regardless of its theoretical-
ly calculated eff ective key indicators, was not implemented for serial use in SDO 
deorbiting missions.

In turn, (Maslova, 2015) have proposed approaches that allow for partial 
elimination of the above-mentioned shortcomings of electrodynamic space teth-
er systems. Th us, (Maslova, 2015) shows that if the deployment speed does not 
exceed 1 m/s, a fairly high reliability of deployment and stabilization of the tether 
system is ensured and the probability of entanglement is signifi cantly reduced. 
Also, (Hoyt, 1998, 1999; Pardini, 2009; Maslova, 2015) show a fairly high reli-
ability of the tether system concerning the infl uence of resonant electrodynamic 
perturbations during orbital motion.

Another direction of electromagnetic deorbit means is to equip the space-
craft  with electromagnetic devices. Th e principle of operation of electromagnetic 
devices is similar to electrodynamic space tether system (EDSTS), but unlike 
EDSTS, they require a constant power source on board the deorbited spacecraft . 
For example, in (Kawashima, 2018) it has been shown that the time to deorbit 
a Cubesat-class spacecraft  from an altitude of 800 km using an electromagnetic 
device was about 25 years. It is quite diffi  cult to maintain a power supply in work-
ing order for such a long period. Hence, a lead system using permanent magnets 
(PM) has been proposed, which is a version of electromagnetic devices where 
permanent magnets are used instead of electromagnets (Shuvalov, 2016, 2018a; 
Lapkhanov, 2019b). Such a replacement eliminates the drawback associated with 
the constant use of on-board energy to power the electromagnet. Experimental 
substantiation of this concept is provided in (Shuvalov, 2016, 2018a, 2018b; Pat-
ent of the Ukraine № 125265), where the existence of forces arising from the 
interaction of permanent magnets with the fl ow of ionospheric plasma has been 
proved. Based on this, devices with permanent magnets can be used to deorbit 
SDOs from LEOs, but require experimental tests in outer space.

As for solar sails, their principle of action is essentially reminiscent of the 
principle of action of an ADS, but instead of interaction with the oncoming at-
mospheric fl ow, the braking eff ect is used due to the infl uence of solar pressure 
(Heaton, 2014; Mori, 2009; Herbeck, 2002; Leipold, 1999). Th e use of a solar sail 
is eff ective at altitudes above 800 km, where the force of solar pressure is greater 
than the force of aerodynamic resistance. Th e possibility of using this class of 
deorbit means, as well as in the ADS, has been confi rmed experimentally. One of 
the successful experiments is the deployment of a 200 square meter solar sail in 
(Mori, 2009) the Ikaros mission.

Th e application of SDO deorbiting using a solar sail is usually not used, since 
this concept has been developed to solve the problem of developing fuel-free pro-
pulsion systems to control the orbital motion of spacecraft  in high elliptical orbits 
and interplanetary space. However, the solar sail can signifi cantly expand the lim-
its of the eff ective use of ADS when developing a hybrid-type system.
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 1.4. Prerequisites 
for the creation of hybrid means 
of space debris objects deorbiting 
from working orbits

Based on the above complex analysis of known means of ADS deorbiting, their 
generalized comparative characteristics are proposed, taking into account the 
main effi  ciency criteria (Table 1.3). Th us, the main criteria for eff ective use are 
proposed to include: the average speed of deorbiting within the limits of the LEO 
(speed code), the reliability of the deorbit systems and the consumption of fuel 
and on-board electrical energy. Also, it is proposed to include the presence or 
absence of experimental confi rmation in space and on Earth as the main criterion 
that can aff ect the eff ectiveness of the use of SDO deorbiting systems.

Th us, the ratings are in the range from «1» to «10», where 10» indicates the 
maximum presence of advantage according to this effi  ciency criterion, and «1» — 
its practical absence, the symbol SP indicates the presence of space experiments, 
and the symbol GR — the conducted ground experiments in laboratory condi-
tions. Th us, the highest indicators are obtained by the ADS systems in combina-
tion with a solar sail, EDSTS and devices with permanent magnets. However, it 
can be concluded that none of the above means of deorbiting objects is universal 
for use in all missions.

Table 1.3.  Classifi cation of means of space debris objects removal from working orbits

Means of spacecraft  
object removal

Removal 
speed Reliability Low fuel con-

sumption
Low on-board 

energy con-
sumption

Exp. confi r-
mation of 

possible use 
in space

Active thruster 8 8 1 1 SP
Active contact 8 1 1 1 n/a
LEOSWEEP 7 4 1 4 GR
АDS 3 8 10 8 SP + GR
EDSTS 10 1 10 7 SP
Plasmodynamic de-
vices with perma-
nent magnets 3 7 10 9 GR
Solar sails (used in 
combination with 
ADS) 1 6 10 8 SP + GR

Hybrid (combined) 
means of ADS re-
moval

A new approach in the creation of systems for the SDO deorbiting 
from near-Earth orbits, which allows expanding the limits of the ap-
plication of existing the near-Earth space pollution mitigration means 
(active ADS, motor-aerodynamic, LEOSWEEP system with an aero-
dynamic compensator can be included)
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Th us, the problem has arisen to fi nd optimal technical solutions to expand 
the limits of application of each deorbit system, by creating hybrid (combined) 
means of deorbit SDO, while using the advantages of each system of clearing the 
near-Earth space from SDO.

1.5. State of the art 
of the hybrid space debris deorbiting 
means development

One of the examples of the creation of hybrid removal is the improvement of the 
technology of using the space «shepherd with an ion beam» by equipping the 
SSC with an aerodynamic compensator. Th us, in research works (Alpatov, 2016b; 
Svorobyn, 2018) the possibility of using an aerodynamic compensator for SSC 
technology «LEOSWEEP» is considered for compensating the operation of the 
SSC electrojet propulsion system. It has been found that replacing the electrojet 
propulsion with an aerodynamic compensator can signifi cantly reduce the on-
board energy consumption of the SSC, however, as shown in (Svorobyn, 2018), 
the weight and complexity of the design do not justify this advantage. At the same 
time, if for one SSC mission, it is possible to provide for the implementation of 
several deviations from the orbit of diff erent SDO’s, then the use of an aerody-
namic compensator may be justifi ed. Th us, this concept requires revisions and a 
more complete justifi cation.

Th e next example of the development of hybrid deorbit devices, including 
aerodynamic modules, is the active-passive propulsion-aerodynamic system pre-
sented in (Dron’, 2018, 2019a, 2019b; Golubek, 2020a). Th is system consists of 
two submodules: the propulsion system installation and the aerodynamic ele-
ment. Th e use of the propulsion-aerodynamic system is proposed for the deorbit 
of SDO from orbits up to 2000 km altitude. Th e deorbiting is carried out in two 
stages, where in the fi rst stage the SDO is transferred to an elliptical orbit with a 
perigee in the altitude range of up to 800 km. At these altitudes, the force of aero-
dynamic resistance creates a signifi cant impact on the SDO motion. Aft er that, 
the opening of the aerodynamic element occurs and the spacecraft  is passively 
deorbit with further combustion in the dense layers of the atmosphere. 

Also, a fairly promising direction in the development of hybrid deorbit means 
is the combination of aerodynamic deorbit systems and magnetic actuators. Th is 
is explained by the intensive development of aerodynamic fl at-sail deorbit sys-
tems, class «Gossamer 1», «NanoSail-D2» and PW-Sat. In turn, during the fl ight 
tests of «NanoSail-D2» the need has been determined to stabilize and orient the 
fl at sail aerodynamic element perpendicular to the dynamic fl ow of the oncoming 
atmosphere.

 Th us, during the development of the ACADS (Attitude Control and Aerody-
namic Drag Sail) aerodynamic system (Pfi sterer, 2011), a hypothesis has been put 
forward about the possibility of stabilizing a fl at aerodynamic element using elec-
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tromagnetic coils. Th e ACADS sail system has 
been developed as an experimental payload 
of the KnightSat II project by the Nanosatel-
lite Program Force research laboratory. Th us, 
it has been suggested that the use of additional 
electromagnetic coils in ACADS will allow ori-
entation and stabilization of the aerodynamic 
fl at sail element perpendicular to the dynamic 
fl ow of the oncoming atmosphere. When per-
forming such an orientation, the area of the 
spacecraft ’s midsection increases signifi cantly, 
hence the ballistic coeffi  cient and aerodynamic 

braking force. Th is system has been tested in the laboratory using sails of size, 
allowing this deorbit device to be used for SDOs of various sizes. Th e uniform 
deployment of ACADS (Fig. 1.30), and the use of magnetic coils for orientation 
with the oncoming atmospheric fl ow, can provide stabilization in fl ight and the 
potential for future development of missions without the use of fuel. Th us, ac-
cording to calculations, the use of ACADS made it possible to reduce the time 
of KnightSat II’s existence in an orbit at an altitude of 580 km from 18.5 years 
to 3 months.

It should be noted that ACADS has a disadvantage, which is the signifi cant 
complexity of the design. Th us, the location of electromagnets along the perim-
eter of a fl at aerodynamic element can cause diffi  culties when deploying an ADS. 
Also, according to the design scheme (Pfi sterer, 2011), the arrangement of elec-
tromagnetic actuators (coils) in one plane, in comparison with the classical or-
thogonal arrangement along the main axes of inertia of the spacecraft , imposes 
restrictions on the controllability of the system. In turn, for the functioning of 
ACADS, a necessary condition is the operability of the spacecraft  orientation and 
stabilization systems and the spacecraft  power system, which is quite diffi  cult af-
ter the end of the operational lifetime. To solve this problem, it is necessary to 
develop less low-cost magnetic actuators and search for algorithms and control 
methods that allow reducing the cost of on-board electrical energy. However, this 
has not been done during the development of ACADS. Based on this, the devel-
opment of ACADS is only hypothetical and theoretical.

Another approach is based on the aeromagnetic combined system usage 
(Lapkhanov, 2019c; Alpatov, 2020). In this case, the new executive devices with 
rotated permanent magnets were proposed to stabilize the attitude position of 
aerodynamic sales. Th e orientation system in the aeromagnetic combined meth-
od using permanent magnets consists of PMs 8, which are attached to the rotary 
actuators on micro stepper motors 9. In turn, the micro stepper motors 9 with the 
permanent magnets 8, orthogonal to one another, are mounted on the SC body 
mounts 10. Th e PMs are shielded with special screen capsules 3, which, if neces-
sary, are opened and closed in a certain algorithm. Control of the opening and 

Fig. 1.30.  ACADS system
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closing of the screen capsules is carried out on the electronic control node of the 
opening-closing (O-C CN) 4 with the help of special transfer mechanisms 5. In 
the closed state, the shutters of the screen capsules are placed into special niches 
6, which are located in the SC body 1 (Fig. 1.31).

Th e HDS operates according to a special algorithm. Th us, aft er the expira-
tion of the active operation of the SC 1 and the deployment of the aerodynamic 
element 7, there is the orientation of the aerodynamic element of the HDS per-
pendicular to the vector of the dynamic fl ow of the atmosphere. Th e orientation is 
implemented using magnetic controls with rotating permanent magnets 2. 

Th e usage of such executive devices allowed to reduce the onboard electric-
ity consumption by an order of magnitude, which is very important in long-term 
missions.

Th  e next stage of the development of this idea is based on the combination 
aeromagnetic deorbit system system (Lapkhanov, 2019c; Alpatov, 2020) with an 
aerodynamic-propulsion system (Dron’, 2018, 2019a, 2019b; Golubek, 2020a) 
which is described in (Alpatov, 2023a). In turn, in this case, due to the complicity 
of the system it has been used spacecraft  magnetorques instead of devices with 
permanent magnets. 

Fig. 1.31.  Th e structural design 
of the hybrid deorbiting system 
(HDS): 1 — the deorbited space-
craft ; 2 — the biaxial orientation 
system with permanent magnets; 
3 — screen capsules; 4 — the 
electronic control node of the 
opening-closing (O-C CN); 
5 — transmission mechanisms; 
6 — niches for the screen cap-
sules in the closed state; 7 — the 
aerodynamic sail element; 8 — a 
permanent magnet; 9 — a micro 
stepper motor that rotates a per-
manent magnet; 10 — special 
attachments of permanent mag-
nets to the body of the spacecraft 
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MATHEMATICAL MODEL 
FOR STUDYING THE ORBITAL 
AND ATTITUDE MOTION 
OF THE SPACECRAFT WITH 
AERODYNAMIC DEORBIT SYSTEM

2CHAPTER

 2.1. Reference frames 
and corresponding quaternion relations 
for analysis of spacecraft position

 1) Earth central inertial reference frame OXYZ. It has been 
accepted the J2000 reference frame as the standard. Th e origin 
of the Reference Frame, point O, placed in the center of the 
Earth, the axis OZ is directed along its axis of rotation in the 
direction of the north pole N, axes OX, OY axes of inertia are 
located in the plane of the Earth’s equator so that the axis OX, 
directed to the vernal equinox  (on 1 January 2000), and axis 
OYcompleted the reference frame to the right (Fig. 2.1).

2) WGS-84  Reference frame OgXgYgZg. Non-in ertial ref-
erence frame. The origin of the reference frame is placed 
at the center of the Earth, the point Og. The axis OgXg lies 
in th e plane of the equator and is directed towards the in-
tersection of the equator with the Greenwich meridian, 
axis OgZg coincides with the axis OZ of the J2000 reference 
frame and with the angular velocity vector of the Earth’s 
daily rotation, axis OgYg completed the reference frame to 
the right (Golubek, 2020).

Th en it can be determined the matrix of the transition 
from J2000 to WGS-84, can be written as follows:

g

g g

X X N P B

T
X X X X

GAST GAST
M W GAST GAST M M M

M M



 

 
       
  



cos( ) sin( ) 0
sin( ) cos( ) 0 ,

0 0 1

,

  
  

   (2.1)

where 
gX XM   is the transition matrix from J2000 to WGS-

84;  
gX XM   is the transition matrix from WGS-84 to J2000; 

W is the polar correction matrix; GAST is the Greenwich ap-
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parent sidereal time; MB is the bias matrix; MN is the nutation matrix; MP  is the 
precession matrix; t is the time is calculated from the Julian date.

3) Orbital General Refere nce Frame (OGRF) OogXogYogZog. Non-inertial ref-
erence frame. Th e center Oog is at the center of the Earth. Th e axis OogXog lies in the 
plane of the orbit and is directed along the radiusvector of the spacecraft  motion. 
Th e Axis OogZog is perpendicular to the plane of the orbit of the spacecraft  and co-
incides with the integral vector of the plane. Axis OogYog completed the reference 
frame to the right. Th e transition from J2000 to OGRF is realized by a sequence of 
rotations to the right ascension of the ascending node (RAAN) angle , inclina-
tion i, and argument of latitude u (Fig. 2.2). Th e transition matrix from J2000 to 
OGRF is written as follows:

g

g g

X X N P B

T
X X X X

GAST GAST
M W GAST GAST M M M

M M



 

 
       
  



cos( ) sin( ) 0
sin( ) cos( ) 0 ,

0 0 1

,

 

     (2.2)

Fig. 2.1. J2000 Reference Frame  is a sign of direction to the vernal equinox without taking into 
account precession and nutation of the Earth; N is the direction to the point of the north pole

Fig. 2.2. OGRF relative to J2000: OogXogYogZog is Orbital General Reference Frame (OGRF); 
OXYZ is J2000 reference frame;  is the sign of direction to the vernal equinox without taking 
into account precession and nutation of the Earth; N is the direction to the point of the north 
pole; u is the argument of latitude;   is the orbit inclination;  is the RAAN
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where 
ogX XM   is the transition matrix from J2000 to OGRF; 

ogX XM   is the 
transition matrix from OGRF to J2000; OogXogYogZog is Orbital General Reference 
Frame (OGRF); OXYZ is J2000 reference frame;   is the sign of direction to the 
vernal equinox without taking into account precession and nutation of the Earth; 
N is the direction to the point of the north pole;  u is the argument of latitude; i is 
the orbit inclination;  is the RAAN 

4) Orbital Associated Upper Reference Frame (STW) (Fortescue, 2011) OS-

TWXSTWYSTWZSTW . Non-inertial reference frame. Th e center OSTW is located in the 
center of the mass (COM) of spacecraft . Th e axis OSTWZSTW is directed along the 
radiusvector of the spacecraft  (S-axis), axis OSTWXSTW lies in the plane of the orbit 
and is directed in the direction of the spacecraft  motion (creates an acute angle 
with the orbital velocity vector – T-axis), axis OSTWYSTW completed the reference 
frame to the right (W-axis) (Fig. 2.3) 

Th e transition from OGRF to STW is implemented using the next sequence 
of rotations: by the angle 90 deg around the axis OogYog until the OogZog axis coin-
cides with OogXog and by the angle 90 deg around a rotated axis OogZog (Fig. 2.3). 
Th e matrix for the transition from OGRF to STW is written in the following 
order:

STW og og STW STW og

T
X X X X X XM M M  

 
   
 
 

0 1 0
0 0 1 , ,
1 0 0

              (2.3)

where 
STW ogX XM   is the transition matrix from OGRF to STW; 

og STWX XM   is 
the transition matrix from STW to OGRF;

5) Local vertical local horizontal reference frame (LVLH) OLVLHXLVLHYLVLHZLVLH. 
Non-i nertial reference frame. Th e center OLVLH is located in the center of the mass 
(CM) of the spacecraft . Th e axis OLVLHZLVLH is directed to the center of the Earth, 

Fig. 2.3. STW, OGRF, LVLH and J2000 Ref-
erence Frames: OogXogYogZog is OGRF; OXYZ 
is J2000 reference frame; OSTWXSTWYSTWZSTW 
the Orbital Associated Upper Reference 
Frame (STW); OlvlhXlvlhYlvlhZlvlh is Local Ver-
tical Local Horizontal Reference Frame 
(LVLH);  is the sign of direction to the 
vernal equinox without taking into account 
precession and nutation of the Earth; N is 
the direction to the point of the north pole; 
u is the argument of latitude; i is the orbit 
inclination;  is the RAAN
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axis OLVLHXLVLH  lies in the plane of the orbit, and is directed in the direction of the 
spacecraft  motion (creates an acute angle with the orbital velocity vector), axis 
OLVLHYLVLH completes the reference frame to the right (Fig. 2.3). Th e transition ma-
trix which connecting the STW and LVLH reference frames is written as follows:

LVLH STW

STW LVLH LVLH STW

X X

T
X X X X

M

M M



 

 
   
  



1 0 0
0 1 0 ,
0 0 1

.

 

 
                               (2.4)

6) Spacecraft  Body Reference Frame (SBRF) OSBXSBYSBZSB. Th e center of the 
SBRF is a point OSB, located in the CM of the spacecraft . Th e axes of SBRF co-
incide with the main axes of inertia of spacecraft . Th e transition from LVLH to 
SBRF is realized by a sequence of turns to roll φ, pitch  and yaw Ψ angles. Th e 
transition matrix can be written as follows: 

SB LVLH

LVLH SB

X X

X X

M

M





       
     
               
       
       
               
       

sin cos sin sin
cos cos

cos sin sin cos sin cos
cos cos cos sin

sin cos ,
sin sin sin sin sin cos

sin cos sin cos cos

SB LVLH

T
X XM  ,

 

 (2.5)

where
SB LVLHX XM   is the transition matrix from LVLH to SBRF;  

LVLH SBX XM 
is the transition matrix from SB to LVLH.

In turn, roll φ, pitch , and yaw Ψ angles can be calculated from the matrix (2.5) as:

 

SB VLX

SB VLX

SB VLX

SB VLX

SB VLX

X X

X X

X X

X X

X X

M
M

M

M
M











 
   
 
 

 

 
   
 
 

21

11

31

32

33

arctan2 ,

arcsin ,

arctan2 ,

                              (2.6)

where arctan 2 is a special arctangent function that takes into account the value of 
the quadrant when calculating in diff erent programming languages;
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7) Local tangent plane coordinates (LTP) OLTPXLTPYLTPZLTP. Th is is an or-
thogonal, right rectangular, reference system defi ned with its origin OLTP at an 
arbitrary point on (or possibly near) the Earth’s surface. Th e vertical axis OLTPZLTP 
is then taken to be straight up, opposite the plumb line. Th e other axes are per-
pendicular to the vertical axis aligned with local geographic East OLTPXLTP and 
North OLTPYLTP. 

g LTP

LTP g g LTP

e e

X X e e

e e

T
X X X X

L B L B L
M L B L B L

B B

M M



 

  
   
 
 



sin( ) sin( )cos( ) cos( )cos( )
cos( ) sin( )sin( ) cos( )sin( ) ,

0 cos( ) sin( )

.

 
         (2.7)

where 
g LTPX XM   is the transition matrix from LTP to WGS-84;

LTP gX XM   is 
the transition matrix from WGS-84 to LTP, L is the longitude; Be is the geocentric 
latitude. 

7) Local geodetic coordinates (LGC) OLGCXLGCYLGCZLGC Th is is an orthogonal, 
right rectangular, reference system defi ned with its origin OLTP at an arbitrary 
point on the Earth’s surface (without taking into account the terrain, altitude 0 
m above sea level. Th e Earth model is Reference Ellipsoid). OLGCZLGC is directed 
orthogonally to the tangent plane to the Earth surface at the arbitrary point. Th e 
other axes are perpendicular to the vertical axis aligned with local geodetic East 
OLGCXLGC and North OLGCYLGC.

g LTP

LTP g g LTP

e

X X

T
X X X X

L B L B L
M L B L B L

B B

M M



 

  
   
 
 



sin( ) sin( )cos( ) cos( )cos( )
cos( ) sin( )sin( ) cos( )sin( ) ,

0 cos( ) sin( )

.   

         (2.8)

where 
g LTPX XM   is the transition matrix from LGC to WGS-84; 

LTP gX XM   
is the transition matrix from WGS-84 to LGC,  L is the longitude; B is the geo-
detic latitude. 

Another approach to defi ning the attitude parameters of spacecraft  motion is 
the use of quaternions (Gordeev, 2016). 

According to the matrix (2.5), it can be determined the quaternion of rota-
tion from LVLH to SBRF. According to the rotation matrix (2.5), the fi rst rota-
tion is around OLVLHXLVLH by roll angle φ counterclockwise, the second rotation is 
performed around the rotated axis OLVLHYLVLH by pitch angle  counterclockwise, 
and the third rotation is made around the rotated axis  OLVLHZLVLH by yaw angle Ψ 
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counterclockwise. Using the properties of half-exponential quaternions, it can be 
written the corresponding quaternions for each rotation, as follows:

cos cos cos
2 2 2

0 0
sin , ,

2 0
sin0 2

sin0 0 2

Q Q Q  

            
          

          
      

                        
      

      

,

 

                  (2.9)

where Oφ, O, OΨ are roll, pitch, and yaw quaternions, respectively. 
Th e resulting quaternion will be written as follows: 

0

cos cos cos sin sin sin
2 2 2 2 2 2

sin cos cos cos sin sin
2 2 2 2 2 2

cos sin cos
2 2 2

X

Y

Z

Q
Q

Q Q Q Q
Q
Q

  

                           
           

                               
                       

              

 

sin cos sin
2 2 2

cos cos sin sin sin cos
2 2 2 2 2 2

 
 
 
 
 
 
               

      
                             

            

 (2.10)

where o is the symbol of the quaternion multiplication operation; O0 — scalar 
part of quaternion; OX, OY, OZ is the vector part of the quaternion. 

Taking into account that this quaternion is normalized, using the properties 
of quaternions (Gordeev, 2016), the transition matrix from LVLH to SBRF will be 
written as follows (Gordeev, 2016):

   
   
   

2 2 2 2
0 0 0

2 2 2 2
0 0 0

2 2 2 2
0 0 0

2 2

2 2

2 2
SBRF LVLH

X Y Z X Y Z X Z Y

X X X Y Z Y X Z Y Z X

X Z Y Y Z X Z X Y

Q Q Q Q Q Q Q Q Q Q Q Q

M Q Q Q Q Q Q Q Q Q Q Q Q

Q Q Q Q Q Q Q Q Q Q Q Q


       
 
        
 
        

. 

(2.11)
Th en, taking into account (2.9), formulas (2.6) will be written in the follow-

ing form: 
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 

  

 

X Y Z

X Y Z

X Z Y

Y Z X

Z X Y

Q Q Q Q
Q Q Q Q

Q Q Q Q

Q Q Q Q
Q Q Q Q

  
    

    

   

  
    

    

0
2 2 2 2
0

0

0
2 2 2 2
0

2
arctan2 ,

arcsin 2 ,

2
arctan2 .

          

              

   (2.12)

For the algorithm of the transition from J2000 to OGRF (2.2), the quaternion 
will be written in the following form:

 

cos cos
2 2cos cos cos

2 2 2
sin cos0 0 0 2 2

0 0
sin sin s

2 2
sin sin02 2

i u

i u
i u

i u

L L L L
i i

u



   
                 

                                             
                      

        
        

   

in
2

cos sin
2 2

u

i u

 
 
 
 
 
 
   
  

  
     
    

    

,   

(2.13)
where L is the quaternion of transition from J2000 to OGRF. 

In turn, the quaternion of the transition from OGRF to STW reference frame 
can be written in the following form:

 90 90

1
2 2 2

2 2 1
0 0 2

0 12
22 2
10 2
2

o o

 
     
     
     
               
     
     
          

 

  ,                          (2.14)

where   is the quaternion of the transition from OGRF to STW reference frame.
According to (2.4), the quaternion connecting STW and LVLH is written as 

follows: 0
1
0
0

BH

 
 
    
  
 

.
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2.2. Mathematical model of spacecraft orbital motion

 To avoid singularities, it is advisable to use systems of diff erential equations with 
Laplace elements (Fortescue, 2011). Th e use of these components makes it pos-
sible to avoid the degeneracy of solutions when analyzing the motion of space-
craft  in near-circular orbits. Th e components of the Laplace vector are written as 
follows: cos , sin .q e k e                                      (2.16)

Taking this into account, the system of diff erential equations is written as 
follows (Fortescue, 2011):

sin    
sin

cos

2

sin 1 cos

sin cot

cos 1 sin

sin cot

SC

SC

SC

SC SC

SC

SC SC

SC

rd u W
dt ip

rdi u W
dt p

dp pr T
dt

r rdq p u S u q T
dt p p

r k u i W
p

r rdk p u S u k T
dt p p

r q u i W
p

du


  

 

  
 

  


   
             


   



   
              


   



3

2

,

1 cot sinSC

SC

p r i u W
dt pr






























  
         

 

             (2.17)

where 
1 cos sinSC

pr
q u k u


   

is the module of spacecraft  radius-vector (distan-

tance from the Earth center to spacecraft );  arctan k
q

 
   

 
, a is the orbit semi-
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major axis;  e is the eccentricity of the orbit; Ω is the RAAN of the orbit; ω is the 
argument of perigee; μ is the gravity constant, μ =3.986 · 105 km3/s2; p is the focal 
parameter of the orbit, p = a(1–e2); i is the orbit inclination; u is the orbit argu-
ment of latitude; ϑ is the orbit truth anomaly; t is the time of spacecraft  motion; 
S, T, W are projections of the disturbing radial, transversal, and normal accelera-
tions on the axis of the STW reference frame.

Th e system of diff erential equations (2.17) can be used quite well for orbits 
that are close to circular and do not lie close to the equatorial plane. Th e system 
has no peculiarities in polar orbits and is quite eff ective for Earth Remote Sens-
ing satellites motion analysis. Its eff ectiveness is explained by a small number of 
substitutions and necessary calculations.

However, the universal system of diff erential equations, which does not have 
peculiarities in close to circular, polar, and equatorial orbits, has a more complex 
form and is written as follows (Fortescue, 2011):

 

 

x
x y

y
y x

x

y

dh h T
dt

de h S F T F e W e
dt

de
h S F T F e W e

dt

di h W F
dt

di h W F
dt

dF W h
dt h


  
 


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

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    
 

2

2

3

   

sin 1 cos

cos 1 sin

,
cos

2

sin
2





          (2.18)

where
 cosxe e   ;  sinye e   ; x

ii     
 

tg cos
2

;

y
ii     

 
tg sin

2
;   ph 


;    1 cos sinx ye F e F    ; 

sin cosx yi F i F   ; 2 21 x yi i    ; F   .
Th us, the usage of this system of diff erential equations (2.18) makes it pos-

sible to avoid all the abovementioned limitations of the analysis of the spacecraft ’s 
orbital motion.
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2.3. Disturbance model in the analysis 
of the translational motion of the spacecraft

To analyze the Earth’s remote sensing satellite motion, it is advisable to take into 
account the following perturbations:

 1) gravitational perturbations associ ated with the non-spherical form of the 
Earth (SG, TG, WG );

2) aerodynamic perturbations of the atmosphere (SA, TA, WA);
3) sunlight pressure perturbations (SS, TS, WS);
4) gravitational perturbations of the Sun (SSn, TSn, WSn);
5) Lunar gravitational perturbations (SL, TL, WL);

2.3.1. Gravitational perturbations associated 
with the Earth’s non-sphericity

Th e main gravitational impact on the spacecraft  motion is caused by a perturba-
tion of the deviation of the Earth’s gravitational fi eld from the central one. Th e 
expansion of the perturbation function in terms of spherical functions is written 
as follows (National geospatial-intelligence…, 2008):

   max

2 0
, , (sin ) cos sin

ll l
W WEarth

SC lm lm lm
SC SCl m

RW r P C m S m
r r 

 
       

 
  ,  (2.19)

where REarth  is the average value of the Earth’s radius, 6371 km  is the geocentric 
longitude;  is the geocentric latitude; m, l are spherical harmonics degrees; Plm  
are normalized Legendre functions; W

lmC , W
lmS  are normalized Stokes coeffi  cients.

Th us, rSC, ,  constitutes a spherical coordinate system that has the following 
relationship with the cartesian coordinates in WGS-84:

g SC

g SC

g SC

X r

Y r

Z r

  

  

 

cos cos ,

cos sin ,

sin .

                                       (2.20)

In turn, the projections of the acceleration of the gravitational perturbations 
on the radius vector (rSC ), geocentric longitude (), and geocentric latitude () 
taking into account the calculation methods (Zbrutskii, 2011) can be written as 
follows:  

   max

1

2
2 0

, ,1

1 (sin ) cos sin ,

SC
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r

SC
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 



 
       
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(2.21)
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 
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where FrSC
, F, F are projections of the gravitational perturbations along the ra-

diusvector, geocentric longitude, and latitude; N1, N2, N3 are Lamé coeffi  cients.
For SG, TG, WG perturbative acceleration calculation the next algorithm 

is needed: 
1) Formation of STW vector T

G G GT W S   GSTW ;
2) Calculation projections of gravitational perturbations on WGS-84 referer-

ence frame axes 2000. 2000. 2000.
T

J x J y J zG G G   J2000G : 

g LTP

SC

X X

r

F
M F

F



 

 
 

   
 
 

wgsG .                                    (2.22)

3) Calculation projections of gravitational perturbations on J2000 reference
frame axes 2000. 2000. 2000.

T
J x J y J zG G G   J2000G : 

gX XM  J2000 wgsG G .                                     (2.23)

4) Calculation projections of gravitational perturbations on OGRF reference

frame axes . . .
T

OGRF x OGRF y OGRF zG G G   OGRFG : 

oX XM  OGRF J2000G G .                                     (2.24)

5) Calculation projections of gravitational perturbations on STW reference 
frame axes STWG: 

STW ogX XM  G OGRFSTW G .                                  (2.25)

2.3.2. Aerodynamic perturbative accel erations 

Th e aerodynamic perturbative acceleration is proposed to calculate on the base 
of the methodology which is described in (Fortescue, 2011). Th e SA, TA, WA are 
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calculated as follows:
1
21 sin

2AS V e
pF

 
       

 
,                                (2.26)

1 1
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,     (2.27)

1 sin cos
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SC atm
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rW V i u
F
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      ,                          (2.28)

where  is ballistic coeffi  cient, 
2
x mid

SC

C S
m

  , Cx in this case, is taken equal to  Cx =
= 2.1...2.2 at altitudes from 400 km; 

2

1 cosper atm

per

r
F i

V

 
  
 
 

,                             (2.29)

where atm is the angular velocity of atmosphere fl ux rotation, take atmequal to 
the Earth’s angular velocity around its axis, atm = 7.292115 . 10–5rad/s;   is the 
atmosphere density;V is the module of spacecraft  velocity; rper is the radius vec-
tor of the spacecraft  at the perigee of the orbit; Vper is the velocity of the space-
craft  at the perigee of the orbit; Smid is the projection of the spacecraft  area to the 
plane which is orthogonal to the vector of atmospheric dynamic fl ux; mSC is the 
spacecraft  mass; 

Diff erent atmospheric models can be used to calculate the density. Th e most 
well-known are JB2006 (Bowman, 2008), NRLMSISE-00 (Picone, 2002), and 
CIRA-2012 (COSPAR International…, 2012).

2.3.3. Solar pressure perturbations 

It is known that t he interaction between light radiation and a body that refl ects 
(absorbs) light can lead to pressure on the body. Th e strength of the light pressure 
depends on the radiation power and is equal to under normal light incidence on 
the body (Fortescue, 2011):

sol
SP SL R

SC

S aF p C
m r

      
 

2
,                              (2.30)

where  is the function of the eclipse,  = 1, if solar part of the orbit, and  = 0, 
if eclipse part of the orbit;  PSL is the pressure of sunlight, within 1 astronomical 
un it (149.6 . 106 km), PSL = 4.56 . 10–6 N/m2, CR is the light refl ection coeffi  cient; 
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Ssol is the refl ecting surface area; a is the distance from the Sun to the Earth; r is 
the distance from the spacecraft  to the Sun.

 Th e perturbative acceleration projections , ,S S SS T W  that aff ect the move-
ment of the spacecraft  under the impact of the sunlight pressure force are deter-
mined by the following expressions:
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    

 

S

S

S SP

S S

S S

i i

i
T F

i

i

       
 
 
     
 

  
         

 
 
      
 

2 2 2 2

2 2

2 2

cos cos sin( ) sin sin
2 2 2 2

1sin( ) sin sin
2

sin sin sin cos
2 2

sin cos cos sin( )
2 2

,     (2.32)
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where  is the ecliptic inclination; S is the ecliptic longitude of the Sun.

2.3.4. Sun and Lunar gravitational perturbative accelerations

Sun and Lun ar gravitational perturbations are calculated using the next al go-
rithm (Zbrutskii, 2011):

1) Using approaches of astronomical calculations it can be determined the po-
sitions of the Moon and Sun in J2000 cartesian coordinates T

L L LX Y Z   LunR ;
T

Sn Sn SnX Y Z   SunR .
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2) Using transition matrixes (1.1—1.4) or quaternions (1.11—1.13) calculate
cartesian coordinates of spacecraft  in J2000 T

SC SC SCX Y Z   SCR . For ex-
ample, it can be calculated as follows:

T

SC

SC

SC

u u
i u

u i u i
X u u
Y i u

u i u iZ
i i i
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 
 
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0
0

.

3) Calculate the distances from the Moon to the Earth center RLun, and from 
the Sun to the Earth center RSun:

2 2 2

2 2 2

,

.

Lun Lun Lun Lun

Sun Sun Sun Sun

R X Y Z

R X Y Z

  

  

                                   (2.34)

4) Calculate the distances from spacecraft  to the Moon and Sun :

     
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       (2.35)

5) Calculate the projections of perturbative gravitational accelerations on the 
J20000 reference frame.

A) Vector of Lunar perturbative accelerations projections on J2000 Reference
Frame axes . . .

T
L X L Y L ZW W W   LunW :
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 

                       (2.36)

where Lun is the Lunar gravitational constant.
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B) Vector of Sun perturbative accelerations projections on J2000 Reference
 Frame axes . . .

T
S X S Y S ZW W W   SunW :
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                       (2.37)

where Sun is the Sun’s gravitational constant.
6) Using matrixes (1.2)—(1.3) calculate the , ,Sn Sn SnS T W and , ,L L LS T W  from 

WSun and WLun vectors respectively. 

2.4. Mathematical model 
of spacecraft attitude motion 

Th e mathematical model of spacecraft  motion with a payload around the center 
of mass is described by the dynamic Euler equations: 

  cont. pert.+ × = M + M
 

dJ J
dt

,                                 (2.38)

where 
xx xy xz

yx yy yz

zx zy zz

J J J
J J J J

J J J

 
 

  
 
  

  is the inertia tensor of the spacecraft  is calculated in

the Body Reference Frame; x y z


     =  is the angular velocity vector of
 the spacecraft  rotation measured in BRF (rotation BRF relative J2000 in BRF co-
ordinates); cont cont cont

x y zM M M


   
cont. . . .M is the vector of the control torques 

in BRF; pert pert pert
x y zM M M


 
 

pert. . . .M =  is the vector of the total torque of
 perturbations acting on the spacecraft  in BRF.

Th e models take into account gravitational, aerodynamic, and magnetic per-
turbative torques, as well as the  solar pressure perturbative torque. In turn, the 
control torque can be the torques generated by Reaction Wheels (RW), jet actua-
tors of angular motion, or magnetorquers.

In turn, to analyze the kinematic parameters of the spacecraft  attitude mo-
tion, it is advisable to use the equation in Rodrigues—Hamilton parameters, 
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which is written as follows (Alpatov, 2019b):

0
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0
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 

,                   (2.39)

where 0 1 2 3, , ,Q Q Q Q  are the components of the quaternion of rotation from 
LVLH to BRF in BRF coordinates.

2.4.1.  Perturbative torques 

Th e gravitational torque is calculated as follows: 

SC
k j k

r


   
3

grav.M = 3 ,                                   (2.40)

where k  a unit vector directed along the radius vector connecting the center of 
the Earth with the center of mass of the satellite; SCr  is a module of spacecraft  
radius-vector; J is the inertia tensor of the spacecraft  is calculated in the BRF.

Th e vector of the aerodynamic torque  acting on the spacecraft  can be written 
as follows (Markley, 2014): 

n
A i

i a
i

r f


aero

1
M = ( ) ,                                     (2.41)

where ri
A is the vector directed from the center of mass of the spacecraft  to the i-th 

panel center of aerodynamic pressure; fa is the aerodynamic braking force acting 
on the i-th plate.

Th e vector of the solar pressure torque  acting on the spacecraft  can be deter-
mined using a similar  aerodynamic torque approach:

n
S i

i s
i

r f


solar

1
M = ( ) ,                                   (2.42)

where ri
S is the vector from the spacecraft ’s center of mass to the center of pressure 

of the SRP on the i-th plate; fS is the solar pressure force acting on the i-th plate.
Th e magnetic perturbative torque vector is defi ned as follows: 

per
m m EMFB.M = p ,                                      (2.43)
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where mp  is the vector of the residual magnetic dipole moment of the spacecraft  
generated as a result of the operation of the electromagnetic systems of all electri-
cal equipment; BEMF is the vecto r of Earth’s magnetic fi eld (EMF) induction in SBF 
coordinates.

In general, when it is necessary to accurately determine the values of the 
Earth’s magnetic fi eld vector in the polar geographic coordinate system, the 
WMM2023 (State of the Geomagnetic…, 2023) or (Chulliat, 2020) is used, the 
potential expansion of which is written as follows: 

      
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1 1
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(2.44)
where RЗем = 6371 km is the averaged Earth radius; rSC is the spacecraft  radius-
vector module;  is the longitude; 1 = 90o –  is addition to geocentric latitude 
(co-latitude) gn, hn are the time-dependent Schmidt coeffi  cients determined 
according to Table (Chulliat, 2020); Pnm  are the quasi-normalized Legendre 
functions.

In turn, the projections of the EMF vector on the rSC, , 1 axes are written as 
follows:
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(2.45)

where B1, B , B rSC are projections on rSC, , 1.
Th e conversion of the magnetic induction vector to other coordinate systems 

is carried out by the same method as the conversion of the gravitational potential.
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3CHAPTER

 3.1. Classification of aerodynamic 
deorbit systems

It is expedient to subordinate the development of general mod-
els of technical systems to a set of rules that will streamline the 
process of creating models and improve the quality of model-
ing. One of the main such rules is the use of classifi cation of 
systems as a basis for building a model of a technical system. 
Th e availability of classifi cation of technical systems makes it 
possible to determine the type of structure of a complex tech-
nical system, which allows the system to be decomposed ac-
cording to a typical structure.

Th e most complete defi nition of the concept of classifi ca-
tion is given in (Kondakov, 1975): «Classifi cation (lat. Classis — 
category, group; facio — to do) — the division of objects of 
any kind into interconnected classes according to the most sig-
nifi cant features characteristic of objects of a given kind1 and 
which distinguishes them from objects of other kinds». Each 
class occupies a certain permanent place in the obtained sys-
tem — classifi er and is divided into subclasses.

When classifying any artifi cial information, the starting 
point in the distribution of concepts is the uncontroversial es-
tablishment of types. In this case, the specifi c concept is the 
aerodynamic deorbit system. Structurally, the aerodynamic 
system consists of an aerodynamic element (AE), infl ation, 
deployment, and storage subsystems on board the spacecraft . 
In the fi gure shown in Fig. 3.1 classifi cation (Palii, 2017), all 
signs mainly refer to the shape, formation, and various modi-
fi cations of the AE, which directly interacts with the oncoming 
fl ow of rarefi ed atmosphere.

1 A kind is a logical characteristic of a class of objects, which in-
cludes other classes of objects that are types of a given kind — a con-
cept broader in scope than that compared to it (Kondakov, 1975).
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Aerodynamic deorbit systems can be divided into classes according to the 
degree of rigidity of the aerodynamic element: ADS with a fl exible frame; and 
ADS with a rigid frame. All infl atable ADSs with a fl exible frame are included, 
and ADSs with a rigid frame are ADSs, the AE frame of which is made of metal or 
composite material. Each of the presented classes can be divided into subclasses 
according to the most characteristic features of ADS.

Fig. 3.1.  Classifi er of aerodynamic deorbit systems
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According to the method of forming, aerodynamic deorbit systems are di-
vided into subclasses: infl atable, deployable, and transformed. Infl atable ADSs 
can be classifi ed according to the modularity of the AE design into groups: mono-
block, and frame-infl atable. Also, on this basis, transformed ADS can be classi-
fi ed using the transformation of the design elements of the removed object, the 
variable confi guration. Th e subgroup of monoblock ADS includes systems with 
spherical AE.

Modular ADSs in the form of AE, in turn, are divided into groups: round 
shield; two dihedral panels; pyramide triangle; pyramide square; a cone com-
posed of tori; a torus with spheres placed inside; bulk sail.

Deployable ADSs are divided into subgroups according to the shape of AE. 
An example of such a subgroup is AE in the form of a square sail. Also, infl atable 
ADSs are divided into subgroups based on the method of AE infl ation: due to the 
use of the gas storage and supply system to the infl atable element of the AE; due 
to the use of a sublimating substance; due to the use of residual pressure.

Depending on the type of masts used to form AEs, deployable systems are 
divided into subclasses: using metal masts to form AEs; with the use of non-metal 
masts for the formation of AE.

Depending on the type of material from which the AE membrane is made, 
systems of this type are divided into the following subgroups: a membrane made 
of a single-layer polymer material; a membrane made of multilayer polymer ma-
terial with a protective coating; a membrane made of multilayer polymer material 
with a protective coating using reinforcing materials.

According to the degree of complexity of the elements of the system, three of 
its levels will be considered:

  systems level; level of subsystems; and element level.
Depending on the class, the ADS contains the following subsystems: the 

aerodynamic element (AE); the infl ation system (IS); the deployment system 
(DS); the storage system (SS) on board the SC.

In general, the ADS consists of the following modules: AE, IS, DS, and SS. 
Th us, the ADS mass mACB  will be determined by the expression:

mACY = mAЭ + mCН + mCР + mCХ,                               (3.3)

where mAЭ is the mass of AE; mCН — mass of IS; mCР — mass of DS; mCХ — 
mass of SS.

Th e aerodynamic element is a part of the aerodynamic deorbit system, which 
directly interacts with the fl ow of the oncoming rarefi ed atmosphere, therefore, 
it has requirements for the reliability of functioning under the infl uence of space 
factors (space vacuum, solar radiation, atomic oxygen, SD). Th e IS is made in 
the form of a gas storage and supply system to the infl atable element of the AE. 
Deployment system ADS consists of a combination of coils on which retractable 
masts are wound, pressure rollers, and electric drives. Th e SS is a container with a 
lid that opens before the ADS is activated.
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3.2.  Determination of the aerodynamic 
deorbiting system parameters functioning

As yo u know, the structure and functioning are the most important properties 
of the system. Th e functioning of the system is determined by the structure. Ac-
cording to (Kondakov, 1975): «structure (lat. structura — structure, connection) 
is a strong, relatively stable connection (relationship) and interaction of elements, 
parties, parts of an object, phenomenon, process as a whole.» An ordered set of 
elements that make up a technical system is grouped by systems of lower levels 
of complexity. Th e hierarchical structure of the ADS and the composition of the 
corresponding project parameters are shown in Fig. 3.2 (Wang, 2023).

In Fig. 3.2 is shown: I, II, III — levels of systems, subsystems, and elements, 
respectively; tL is the term of the orbital existence of a space object; SM is the 
cross-section area of the aerodynamic element; mACB is the ADS mass; mAE is the 
mass of the aerodynamic element; SПНЕ is the total surface area of infl atable ele-
ments;  SПЕР  is the cross-section area of deployable elements; VМНЕ is the volume 
of infl atable elements; VMЕР is the volume of deployable elements; mНЕ is the mass 
of infl atable elements; mЕР is the mass of deployable elements;  VСР is the volume 
of deployment system; mСР is the mass of deployment system; mГ is the mass of 
gas for infl ation; mСГЗР is the mass of gas storage and supply system to the shell;  
mCН is the mass of infl ation system; RE is the volume coeffi  cient of deorbited mass  
under the action of atomic oxygen in near-Earth space; МЕР is the material thick-
ness of deployable elements; МЕР is the material density of deployable elements; 
aЕР is the width of a deployable element; lЕР is the length of a deployable element; 

Fig. 3.2.  Hierarchical structure of ADS
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МНЕ  is the material thickness of infl atable elements; МНЕ is the material density 
of infl atable elements; dНЕ is the diameter of an infl atable element; lНЕ is the length 
of an infl atable element; PHT is the excess pressure in an infl atable element; Г is 
the molecular mass of gas for infl ation; VНЕ is the volume of infl atable elements; 
PB is the internal pressure in the gas storage due to infl ation; VЄЗГ is the volume 
of the gas storage tank; ЄЗГ is the density of the gas storage tank material; SПЗГ is 
the surface area of the storage system; МСЗ is the material thickness of the storage 
system; МСЗ is the density of the material of the storage system.

Th e design parameters indicated by the given classifi er of aerodynamic de-
orbit systems and the corresponding description of the structure of the deorbit 
system are calculated using appropriate mathematical models. Th e following ini-
tial data are used to calculate the parameters of the deorbit system: the lifetime, 
the mass of the deorbited space object and its cross-sectional area, and the cross-
sectional area of the aerodynamic element. Th e latter is calculated according to 
the following model (Klinkrad, 2006):
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where CX is the coeffi  cient of aerodynamic resistance; pe is the density of the 
atmosphere at the perigee of the orbit;  kI z — Bessel functions of order k = 0 and 
1 and argument ,pez ae H ; e —orbital eccentricity;  — gravitational param-
eter of the Earth; mKA— spacecraft  mass; a — the semi-major axis of the orbit; 

,peH  — the height of the dense atmosphere.
Th e selection of initial data for the calculation of the parameters of the ADS 

under the conditions of the movement of the removing object along the appro-
priate orbit is carried out using the appropriate nomograms, which are given in 
Chapter 5, and calculated according to the methodology outlined in Chapter 3.

3.3. Aerodynamic element parameters

In general,  the mass of the aerodynamic element is determined using the ex-
pressions:

mAЭ = mHЭ+ mPЭ,                                                (3.4)
mHЭ = VMHЭ 

. MHЭ ,                                              (3.5)

 mPЭ = VMPЭ 
. MPЭ mPЭ= VMPЭ 

. MPЭ ,                               (3.6)
VMHЭ = SПHЭ 

. MHЭ ,                                                 (3.7)
VMPЭ = SПPЭ 

. MPE VMPЭ= SПPЭ 
. MPЭ ,                                 (3.8)
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where mAЭ is a mass of AE; mHЭ is the mass of infl atable elements; mPЭ is the 
mass of deployable elements; VMHЭ is the material volume of infl atable elements; 
MHЭ is the material density of infl atable elements; VMPЭ is the material volume of 
deployable elements; MPЭ is the material density of deployable elements; SПHЭ is 
the surface area of infl atable elements; MHЭ is the material thickness of infl atable 
element; SПPЭ is the surface area of deployable elements; MPЭ is the material thick-
ness of deployable elements.

Th ese parameters are calculated according to the following algorithm and 
corresponding mathematical models.

Th e analysis of the ADS design schemes, the descriptions of which are given 
in Chapter 1, showed that polymer fi lm materials are used for the manufacture of 
aerodynamic elements, the characteristics of which are given in Table 3.1.

Th e design value of the material thickness of infl atable and deployable ele-
ments is determined by the formula (Wang, 2023):

   0 1MHE MPE C A            ,                         (3.9)

where 0  is the minimum thickness of the fi lm material at which the shell main-
tains its integrity under the infl uence of internal pressure, since the internal pres-
sure in the ADS shell is several times of magnitude higher than the external pres-
sure of the Earth’s atmosphere, the deforming moments can be neglected, thus the 
minimum thickness of the fi lm material is calculated using known expressions 
from the theory of momentless shells; C is the thickness of the material that will 
be removed from the shell due to the infl uence of space vacuum (sublimation); 
A is the thickness of the material that will be removed from the shell due to the 
infl uence of atomic oxygen; MHE  is the estimated material thickness of infl atable 
elements; MPE is the calculated material thickness of deployable elements;   is 

Table 3.1. Characteristics of polymer fi lm materials

Material Volumetric coeffi  cient of mass 
loss  Re, cm3/atom Density , kg/m3 Modulus of elasticity 

np,  Pa

Mylar 3.01 . 10–24 (McCarthy, 2010) 1390 (Mylar…, 2017) 3.38 . 109  (Mylar…, 
2017)

Upilex-S 9.22 . 10–25  (McCarthy, 2010) 1470 (Upilex…) 9.1 . 1010  (Upilex…)
Kapton-H 3 . 10–24  (McCarthy, 2010) 1420 (DuPont™ 

Kapton)
2.76 . 1010  (DuPont™ 
Kapton)

PTFE 1.42 . 10–25  (McCarthy, 2010) 2150 (McCarthy, 
2010)

1.75 . 1010  (Overview 
of…)

Kapton-Аl2O3 2.5 . 10–26  (Space…, 1996) 1390 (DuPont™ 
Kapton)

3.38 . 109  (DuPont™ 
Kapton)

Kapton-FN 5 . 10–26  (Space…, 1996) 1530 (DuPont™ Kap-
ton FN)

2.48 . 1010 (DuPont™ 
Kapton FN)
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the calculation error, which is determined using the expression:

 = БК+ F10.7 + AK,                                       (3.10)

БК is the error to determine the ballistic coeffi  cient, according to (Patent of the 
Russian Federation for the invention No. 2463223), (Nazarenko, 2013), we take 
600—1000 km for the entire range of orbital altitudes; F10.7 is the error to forecast 
the solar activity index, according to (Vitinsky, 1973), (State Standard 25645.302-
83), we take 600—1000 km for the entire range of orbital altitudes; AK is the error 
to determine the concentration of atomic oxygen, according to (Montenbruck, 
2005), (State Standard R 25645.166-2004), we take 600—750 km for the range of 
orbital altitudes, 750—1000 km for the range of orbital altitudes.

Th us, the coeffi  cient of error to determine the material thickness of infl atable 
and deployable elements for the range of orbital altitudes of 600—750 km will be 
equal to AK  = 0.02, and for the range of orbital altitudes of 750—1000 km will be 
equal to AK  = 0.25. For a spherical fi lm element, the minimum thickness of the 
fi lm material 0  will be defi ned as (Pisarenko, 1988):

0 2
HT CP r

 


,                                                  (3.11)

where PHT  is the excess pressure in the shell of the infl atable element of the ADS; rC is  the radius of the spherical infl atable element;   is the tensile strength of the 
material, according to (Handbook…, 1987).

For a cylindrical  fi lm element, the minimum thickness of the fi lm material  
will be determined as [(Pisarenko, 1988):

HTP r
 

0 ,                                                 (3.12)

where rЦ is the radius of the cylindrical infl atable element.
For a toroidal fi lm element, the minimum thickness of the fi lm material  will 

be determined  (Pisarenko, 1988):
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where rCT  is the cross-sectional radius of the toroidal infl atable element; rT  is the 
radius of the toroidal infl atable element.

Th e impact of the space vacuum on the polymer material leads to its loss, 
primarily due to its sublimation. Th e rate of change in the thickness of the poly-
mer material under the infl uence of sublimation  is determined by the expression 
(Evaporation eff ects…, 1961):
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where SП is the surface area of the ADS; рТНГ  is the saturated gas pressure of the 
sublimated material is determined by the formula (Evaporation eff ects…, 1961):

BA
T Mi

TH
p e

 
 
 
 

 0.0007181



,                               (3.15)

where A, B are the coeffi  cients, taken according to (Jensen, 1956) to be equal to 
A = 3, B = 3000; ПМ is the density of sublimated fi lm material; ПМ is the molecu-
lar mass of the  fi lm material; NA is the Avogadro’s number, NA = 6.022 . 1023 mol–1; 
kБ is the Boltzmann constant, kБ = 1.38 . 10–23 J/K; 

 
TППМi

 — temperature of the fi lm 
material surface, which is calculated according to the formulas (Fortescue, 2011) 
in the shady and sunny parts of the orbit:
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where SЗ is the projection area of the spacecraft  onto the plane perpendicular to 
the direction of the Earth’s radiation, for unoriented fl ight, we take it equal to 
the area of the middle cross-section SM; JЗ  is the intensity of the Earth’s radiation; 
 is the material absorption coeffi  cient, for example, for polyimide  (Fortescue, 
2011);  is the emissivity of the material, for example, for polyimide  (Fortescue, 
2011); SП  is the surface area of the spacecraft ;  is the Stefan Boltzmann constant, 
= 5.67 . 10–8 W . m–2 . K–4 ; SA is the projection area of the spacecraft  on the 
plane perpendicular to the direction of the radiation of the Sun refl ected from 
the Earth;  JA is the intensity of the radiation of the Sun refl ected from the Earth;
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 
 

,                     (3.17)

SC  is the projection area of the spacecraft  on the plane perpendicular to the direc-
tion of the Sun’s radiation; JC  is the intensity of the Sun’s radiation.

As is known (Shuvalov, 2014), the environment around the space vehicle dur-
ing its movement at altitudes of up to ≈800 km is aggressive towards polymer fi lms 
and coatings of the space vehicle. In near-Earth orbits, the factors that determine 
the change in the chemical, thermo-optical, and mechanical properties of poly-
mers are high-speed atomic oxygen fl ows. Th e change in fi lm thickness under the 
infl uence of atomic oxygen is determined by the formula (Shuvalov, 2014):

0

t

AK E AK
t

R dt   ,                                 (3.18)

where RE is the volumetric coeffi  cient of fi lm mass loss, which is determined by 
the formula (Jenkins, 2001):

  0.15 13010 9.5 8.3ER e     ,                       (3.19)
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where  is the erosion coeffi  cient; AK is the atomic oxygen fl ow found from the 
expression (Space environmental…, 1995):

i iAK O KAV    ,                                      (3.20)
where Oi

 is the atomic oxygen concentration at the orbit altitude hi; VKAi
 is the 

spacecraft  velocity at the orbit altitude ih , for a circular orbit is determined using 
the expression:

iKA
i

V
r


 ,                                              (3.21)

where ri is the radius vector of the spacecraft; hi is the altitude of the space-
craft orbit.

For the ADS class using the transformation of the structural elements of 
space objects, the AE parameters are not calculated, since it is assumed that the 
functions of the AE will be performed by the transformed structural elements of 
the space objects.

3.3.1. Monoblock systems parameters

Structurally, monoblock ADS s consist of AE, IS, and SS. In this work, a sphere is 
chosen as a typical AE of a system of this class.

Th e «Sphere» ADS confi guration consists of a spherical AE. So, the AE pa-
rameters of this confi guration are:

 diameter of AE dСФ;
 volume of AE VСФ;
 mass of AE mАЭ.
Th e diameter of the sphere can be expressed in terms of the area of  the me-

dian cross-section SM, which for unoriented fl ight is equal to (Wang, 2023):

4M
SS   ,                                                   (3.22)

23.141593 CS d  ,                                            (3.23)

1.13C Md S ,                                             (3.24)
where SП is the surface area of the sphere.

Th e volume of the sphere is determined from the ratio:
3 30.5236 0.755C C MV d S   .                               (3.25)

Th e mass of AE is determined using the formulas
4AE M MHE MHEm S   ,                                    (3.26)

where МНЭ is the material density of infl atable elements; МНЭ is the material 
thickness of an infl atable element.
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3.3.2. Frame-inflatable systems parameters

Frame-infl atable ADSs structural ly consist of a combination of infl atable ele-
ments (for example, infl atable masts) and a membrane made of thin-fi lm elas-
tic material.

Th e following confi gurations of frame-infl atable ADSs are considered in 
the work:

«Round Shield»;
«Two dihedral panels»;
«Pyramide Triangle»;
«Pyramide Square»;
«A cone made of tori»;
«A cone made of tori with spheres placed inside»;
«Bulk sail».
Th e confi guration of the «Round shield» ADS consists of 4 infl atable ele-

ments (3 infl atable masts and a torus shell) and one deployable element (a fl at 
round shield).

Th e AE parameters of this confi guration are: shield diameter of AE dЩ; and 
volume of infl atable elements VHE mass of AE.

Th e starting data to calculate the mass of the ADS in the form of a fl at round 
shield are: the area of the median cross-section SM of the ADS; length of the infl at-
able masts lHM, which is equal to the diameter of the round shield dЩ; diameter 
of the infl atable masts dHM depends on the length of the infl atable mast lHM and is 
defi ned as dHM = 0.035 lHM.

Th e mass of AE mAE in the form of a fl at round shield is determined by the 
ratios (Wang, 2023):

AE HE PEm m m  ,                                          (3.27)

HE MHE MHEm V  ,                                          (3.28)

PE MPE MPEm V  ,                                           (3.29)

MHE HE MHEV S  ,                                         (3.30)
23 0.693HE HC TÙS S S d   ,                                  (3.31)

where SHC is the surface area of the infl atable sling;
SHC ≈ 0.112d2

Щ,                                               (3.32)
SТ is the surface area of the torus shell to which the circular shield is attached;

SТ ≈ 0.357d2
Щ,                                             (3.33)

dЩ — diameter of the fl at round shield;

 dЩ ≈ 1.329 MS ,                                             (3.34)



69

3.3. Aerodynamic element parameters

MPE PE MPEV S  ,                                      (3.35)

SПРЕ = SЩ,                                                 (3.36)
SЩ — area of the round shield;

SЩ ≈ 1.571d2
Щ.                                           (3.37)

Th e volume of infl atable elements is calculated as follows:

HE T HC M
V V V S   30.01                              (3.38)

where VT is the volume of the torus shell; VHC is the volume of the infl atable sling.
Th e «Two dihedral panels» ADS confi guration consists of 2 infl atable ele-

ments (2 infl atable mastribs) and 2 deployable elements (4 faces).
Th e AE parameters of this confi guration are: length of the infl atable mast 

lHM, by which the length lДП is determined; diameter of the infl atable mast dHM, it 
has been accepted dHM  = 0.035 lДП; width aДП of the polymer material web of each 
dihedral panel, while lДП  = lHM  and aДП = 0.12 lДП; mass of AE .

Th e mass of AE mAE in the form of two dihedral panels is determined by the 
ratios (Wang, 2023):

AE HE PEm m m  ,                                        (3.39)

HE MHE MHEm V  ,                                       (3.40)

PE MPE MPEm V  ,                                        (3.41)

MHE HE MHEV S  ,                                      (3.42)
2HE HMS S ,                                          (3.43)

where SHM is the surface area of the infl atable mast
SHM ≈ 0.17 l2

ДП ,                                          (3.44)
lДП — length of the dihedral panel

lДП 1.768 MS ,                                           (3.45)

MPE PE MPEV S  ,                                       (3.46)

PE TS S  ,                                            (3.47)
SТП — area of the fabric             

STП ≈ 0.48 l2
ДП .                                         (3.48)

Th e volume of infl atable elements VHE is calculated using the following for-
mulas:

32 0.011HE HM MV V S  ,                             (3.49)
where VHM is the volume of the infl atable mast.

Th e ADS confi guration «Pyramide Triangle» consists of 6 infl atable elements 
(3 infl atable masts-ribs of the pyramid and 3 infl atable masts-sides of the base of 
the pyramid) and 3 deployable elements (3 faces of the pyramid).
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Th e initial data to calculate the mass of the AE in the form of a three-sided 
pyramid are: the diameter of infl atable masts dHM depends on the length of the 
infl atable mast lHM and is defi ned as dHM = 0.035 lHM; fl at angle A at the top of the 
pyramid is 60°; area of the median cross-section SM of the ADS. Th e AE param-
eters of this confi guration are: the length of the base of the pyramid aO; and the 
mass of AE mAE.

Th e mass of AE in the form of a three-sided pyramid is determined by the 
relations (Wang, 2023):

AE HE PEm m m  ,                                         (3.50)

HE MHE MHEm V  ,                                        (3.51)

PE MPE MPEm V  ,                                         (3.52)

MHE HE MHEV S  ,                                       (3.53)

MPE PE MPEV S  ,                                       (3.54)

 O OHE HMS S a a   2 26 2 0.0175 0.66 ,                   (3.55)

where aO is the length of the base side of the triangular pyramid; SHM is the surface 
area of infl atable masts;

22 2 1.305
2PEÎ

p AS S a    ,                         (3.56)

SГ is the area of the faces of the pyramid; p2 is the perimeter of the base of the 
pyramid

p2 = 3aO,                                          (3.57)

A2 is the length of the apophemum (height of the face) of the pyramid
2

2 2
2 0.87

4
Î

Î Î
aA a a   .                            (3.58)

Let’s express the length of the base of the pyramid in terms of the area of the 
median cross-section of the ADS (Wang, 2023):

4M
SS   ,                                               (3.59)

21.965HE PEÎS S S a     ,                                (3.60)

1.427O Ma S .                                        (3.61)

Th e volume of infl atable elements VHE is calculated using the following for-
mulas:

36 0.017HE HM MV V S  ,                             (3.62)

where VHM  the volume of the infl atable mast.
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Th e confi guration of the ADS «Pyramide square» consists of 8 infl atable ele-
ments (4 infl atable masts-ribs of the pyramid and 4 infl atable masts-sides of the 
base of the pyramid) and 4 deployable elements (4 faces of the pyramid).

Th e initial data to calculate the mass of the ARS in the form of a four-sided 
pyramid are: diameter of infl atable masts dHM depends on the length of the infl at-
able mast and is defi ned as dHM  = 0.035lHM; fl at angle A at the top of the pyramid 
is 60°; area of the median cross-section of the ARS SM. Th e AE parameters of this 
confi guration are: length of the base of the pyramid aO; mass of AE.

Th e mass of AE in the form of a triangular pyramide is determined by the 
relations (Wang, 2023):

AE HE PEm m m  ,                                       (3.63)

 HE MHE MHEm V  ,                                      (3.64)

PE MPE MPEm V  ,                                       (3.65)

MHE HE MHEV S  ,                                     (3.66)

MPE PE MPEV S  ,                                      (3.67)

 O OHE HMS S a a   2 28 2 0.0175 0.88 ,                (3.68)

where aO is the length of the side of the base of the triangular pyramid; SHM is the 
area of infl atable masts;

OPE
p AS S a   22 2 1.74

2  ,                               (3.69)

SГ is the area of the faces of the pyramid; p2 is the perimeter of the base of the 
pyramid

p2 = 4aO,                                                  (3.70)

A2 is the length of the apophemum (height of the face) of the pyramid

2
2 2

2 0.87
4
Î

Î Î
aA a a   .                                   (3.71)

Let’s express the length of the base of the pyramid in terms of the area of the 
median cross-section of the ARS:

4M
SS   ,                                                   (3.72)

OHE PES S S a   21.965   ,                                    (3.73)

1.235O Ma S .                                           (3.74)
Th e volume of infl atable elements VHE is calculated using the followiing for-

mulas:
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36 0.015HE HM MV V S  ,                                 (3.75)

where VHM is the volume of an infl atable mast.
ADS «Cone made of tori» is made in the form of a conical shell made of 

tori shells. Th e number of tori is selected based on the conditions to ensure the 
required area of the median cross-section. Th e ADS parameters of this confi gura-
tion will be: diameter of the 1st torus dT1; diameter of the nth torus dTn; the mass 
of AE mAE. Th e mass of AE in the form of a conical shell composed of toric shells 
is determined by the following relations (Wang, 2023):

AE HEm m ,                                                 (3.76)

HE MHE MHEm V  ,                                           (3.77)

MHE HE MHEV S  ,                                          (3.78)

HE TO HCS S S    ,                                        (3.79)
whereSПTO  is the surface area of the torus shells

1
n

i
TO TO

n
S S


   ,                                           (3.80)

n  is the torus shell number; i  is the number of torus shells in AE; 

1
19.74 KAS d ,                                           (3.81)

dKA is the diameter of the removed spacecraft ;
9.87

n nTO T KOS d d ,                                        (3.82)
dTn

 is the diameter of the nth torus shell;

1
0.74

n nT T KAd d d


  ,                                       (3.83)

SПНС is the surface area of infl atable slings
9.425HC HC HCS d l ,                                     (3.84)

dHC is the diameter of the infl atable slings, we accept dHC  = 0.1 dKA; lHC is the length 
of the removed spacecraft , we accept lHC  = 0.5 dKA.

ADS «Cone made of tori, with spherical shells placed inside» are made in 
the form of a conical shell, made of toric shells, inside which spherical shells are 
placed. Th e number of tori is also selected based on the conditions for ensuring 
the required cross-section area. Th e ADS parameters of this confi guration will 
be: diameter of the 1st torus dT1; diameter of the nth torus dTn; the diameter of 
the spherical shell placed inside the torus dCФ; the number of torus shells n; the 
number of spherical shells m; the mass of AE mAE. Th e mass of an aerodynamic 
element in the form of a cone made of tori, with spherical shells placed inside is 
determined by the following ratios:
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AE HEm m ,                                           (3.85)

HE MHE MHEm V  ,                                     (3.86)

MHE HE MHEV S  ,                                    (3.87)

HE C CS S S S      ,                              (3.88)

where SПТО is the surface area of the torus shells, which is determined using ra-
tios (3.80 — 3.83); SПНС is the surface area of infl atable slings is defi ned using an 
expression (3.84); SПС is the surface area of the spherical shells, which are placed 
inside the toric shells, is determined as follows:

 
1

i
C n C

n
S m d


   ,                                     (3.89)

where n is the amount of torus shells; i is the number of torus shells; dCФ is the 
diameter of the spherical shell is defi ned as follows:

4
12

M KA
C

S dd 


                                      (3.90)

SM is the ADS cross-sectional area; dKA is the diameter of a deorbiting space ob-
ject, for a cylindrical shape, we will apply that in the diameter of its base, for the 
shape of a cube and a parallelepiped, it will be added that in the diameter of the 
circle described above; mn is the number of spherical shells of the nth torus shell 
is calculated using the scheme shown in Fig. 3.3 and the following ratios (Patent 
of Ukraine for invention № 109194, 2015): 

 mn =                                                                  (3.91)

dnзов
is the outer diameter of the nth torus shell is determined as follows:

dnзов 
= dn + dСФ                                          (3.92)

dn is the diameter of the nth torus; dnвн
 is the inner diameter of the nth torus shell 

is calculated using the expression:
dnвн 

= dn – dСФ                                            (3.93)

ADS «Bulk sail» structurally consists of 3 round membranes, which are placed 
orthogonally to each other, to which are attached toric shells, inside which spheri-
cal shells are placed. To increase the rigidity of the structure, infl atable masts are 
orthogonally attached to the diameter of the shield, which also contains spherical 
shells inside. Let us assume that the cross-sectional diameter of the torus shell 
dTO coincides with the cross-sectional diameter of the infl atable mast dHЩ and 
is defi ned as dTO = dHЩ = 0.035dM, where dM is the diameter of the membrane of 

(dnзов
 + dn)

dnзов
 – dn
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the round shield. Th e AE parameters of this 
ADS confi guration are the following list: 
the diameter of the membrane of the round 
shield dM; and the mass of the aerodynamic 
element mAE.

Th e mass of the aerodynamic element 
mAE is determined using the expressions:

AE HE PEm m m  ,                (3.94)

where  mHE  is the mass of infl atable elements; mPE  is the mass of deployable 
elements. Th e mass of infl atable elements is defi ned as:

mHE = mHЩ + mТО,                                         (3.95)
mHЩ = 3SПНЩ . МНЩ . МНЩ + nСФНЩ SПСНЩ . МСНЩ . МСНЩ,          

SПНЩ = 0,11d2
M                                              (3.96)

nСФНЩ 3 87
0.035

M

M

d
d

  ,                                       (3.97)

SПСНЩ  = 0,00385d2
M,                                         (3.98)

mТО = 3SПТО . МТО . МТО + nСФТО SПСТО . МСТО . МСТО,                 (3.99)

SПТО  = 0,03575d         2M,                                        (3.100)

 0.035
3 279

0.035
M M

C TO
M

d d
n

d
 

  ,                          (3.101)

SСПТО  = 0,00385d 2
НЩ,                                      (3.102)

where mHE is the mass of infl atable elements; mHЩ is the mass of infl atable masts; 
mТО is the mass of toric shells; SПНЩ is the surface area of the infl atable mast; МНЩ 
is the thickness of the material of the infl atable mast; МНЩ is the density of the 
material of the infl atable mast; nСНЩ is the number of spherical shells placed in 
infl atable masts; SПСНЩ is the surface area of the spherical shell, which is placed 
in the infl atable mast; МСНЩ is the thickness of the material of the spherical shell, 
which is placed in the infl atable mast; МСНЩ is the density of the material of the 
spherical shell, which is placed in the infl atable mast; SПТО is the surface area of 

Fig. 3.3.  Structural diagram for calculating the 
number of spherical shells: dС — cross-sectional di-
ameter of the torus; dСФ — diameter of the spherical 
shell, which is placed in the torus shell; dз — diam-
eter of the torus; — angle of placement of spheri-
cal shells in the torus shell
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the torus shell; МНЩ is the thickness of the material of the torus shell; МНЩ is the 
density of the material of the torus shell; nСТО is the number of spherical shells 
that are placed in toric shells; SПСТО is the surface area of the spherical shell, which 
is placed in the torus shell; МСТО is the thickness of the material of the spherical 
shell, which is placed in the torus shell; МСТО is the density of the material of the 
spherical shell, which is placed in the torus shell.

Also, in its composition, the aerodynamic element has the following 3 round 
membranes. Th e mass of the deployable elementsmPE is determined as follows:

mМРE = 3SПМ
 . ММ

 . ММ                                  (3.103)

SПМ = 0,7854dM
2                                         (3.104)

where SПМ is the membrane surface area; ММ is the thickness of the membrane 
material; ММ is the density of the membrane material.

It is assumed that the deorbiting space object with the help of this system, 
will move around the orbit in a non-orientational way. For non-orientational or-
bital motion, it was expressed the area of the medial cross-section SМ of the aero-
dynamic element of the ADS using the following expression:

21.5287
4
AE

MÌ
SS d  ,                                (3.105)

where SПAE is the total surface area of the aerodynamic element.
Next, we will express the diameter of the membrane in terms of the area of 

the average cross-section of the aerodynamic element of the ADS:

0.81M Md S  .                                      (3.106)

Th e design value of the material thickness of infl atable and deployable ele-
ments is determined according to the algorithm given in subsection 3.2.3. Th e as-
sessment of the impact of space debris fragments on the ADS is performed using 
the algorithm given in subsection 3.2.4.

3.3.3. Parameters of deployable systems

Deployable ADSs are made in the form of square sails. Th e sail consists of 4 re-
tractable masts and a fabric canvas. Th e AE parameters of ADS this confi gura-
tion: length of the base of the sail aП; mass of AE mАE.

Th e mass of AE is d e termined using ratios
mАE = mРE + mВE ,                                     (3.107)

where  is the mass of deployable elements
mРE = VMРE + MРE ,                                 (3.108)



76

CHAPTER 3. Models to choose design parameters of aerodynamic deorbiting systems

VMРE is the material volume of deployable elements; MРE is the material density of 
deployable elements; 

VMРE = SПРЕ . MРEVMРЭ = SПРЭ . MРЭ,                                    (3.109)
SПРЕ is the surface area of deployable elements

SПРЕ = а2
П                                                       (3.110)

аП is the length of the base of the AE sail

2 Ma S ,                                                 (3.111)
mBE is the mass of retractable elements

BE BE BEm m l  ,                                             (3.112)

BEm  is the linear density (mass per unit length) of retractable elements, we take 
0.025 kg mBEm  ; lBE is the length of retractable elements

2.83BE Ml S .                                           (3.113)

3.2.4. Parameters of the aerodynamic element 
of the transformed aerodynamic deorbit systems

When using the method of transforming the structure of a space object into an 
aerodynamic system, the mass of the system will be determined by the mass of 
the deployment system

mACB = mCP .                                           (3.114)

To c a lculate the limits of applicability of this method, the area of the median 
cross-section, in this case, will be determined by the overall characteristics of the 
spacecraft :

SM =                          ,                                   (3. 115)

where SБПКО is the area of the side panels of the spacecraft ; SПКО is the total surface 
area of the spacecraft .

For the option of the spacecraft  layout in the form of a square pyramide, the 
area of the side panels will be determined:

SБПКО = 4а2,                                         (3. 116)
where а is the length of the face of the side panel.

For the option of the spacecraft  layout in the form of a rectangular pyramide, 
the area of the side panels will be determined:

SБПКО = 4аb,                                          (3. 117)

where b is the width of the face of the side panel.

SБПКО + SПКО

4
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3.4. Deployment system parameters

Th e deployment system of deployable aerodynamic systems consists of two com-
ponents: a deployable mast deployment system in which the four twisted masts 
are stored and deployed, and an airfoil storage spindle around which the four 
quadrants of fi lm material ar e wound. Th e deployment system of deployable 
masts consists of coils, pressure rollers, and an electric drive. Th us, the mass of 
the deployment system is determined using the following expressions:

mCP = mK + mHB + mШ + mЕП,                            (3.118)

where mK is the mass of coils on which deployable masts are wound; mHB is the 
mass of pressure rollers; mШ is the mass of the spindle on which the aerodynamic 
element is wound; mЕП is the mass of the electric drive that starts the deployment 
mechanism. We assume that deployable aerodynamic systems have similar de-
ployment mechanisms.

3.5. Inflation system parameters

Infl ation of the ADS can be carried out in several ways:
a) with the help of a gas storage and supply system to the shell;
b) using residual pressure;
c) with the help of sublimation of a powder substance.
When using the fi rst method, the mass of the infl ation system  i s determined 

by the sum of the gas mass mГ and the mass of the gas storage and supply system 
to the shell mCЗПГ:

mCН = mГ + mCЗПГ.                                      (3.119)
When using the second and third methods, the mass of the infl ation system 

will be determined by the gas mass mГ or the mass of the powder substance mПР, 
respectively:

mCН = mГ = mПР.                                         (3.120)

Th e gas mass mГ required to ensure the excess pressure pHT of the infl atable 
element with a volume VHE is determined from the Clapeyron—Mendeleev equa-
tion (Yavorsky, 2006):

0HT HEì
m

p V R T






Таmм,                               (3.121)

0

HT HEp Vm
R T


 

 ,                                     (3.122)

where Г is the molecular mass of the gas; R0  is the universal gas constant,

R 
0

J8.31
Mol K

; pHT is the excess pressure in the shell.

аmм
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When choosing a gas for infl ation, it is necessary to take into account the 
peculiarity of the neutrality of the gas to the material of the shell of the aerody-
namic element of the system. For space infl atable systems with a forced infl ation 
method, inert gases can be used, which are used in rocket engine supercharging 
systems, the molar masses of which are given in Table 3.2.

Th e successful use of powder substances for supercharging space infl atable sys-
tems was demonstrated on the Echo spacecraft  (Th e Echo-I…, 1964). Substances 
whose characteristics are listed in Table 3.3 can be used as sublimating substances.

When choosing a substance for infl ation, it is necessary to take into account 
several nuances: it should correspond to the requirements for pressure and tem-
perature; the melting temperature must be higher than any temperature expected 
while the ADS is packed inside the container to prevent liquid fl ow that could 
unbalance the spacecraft  payload; the lowest molecular weight should be chosen 
to minimize weight requirements; it must be non-toxic for safe use.

Th e mass of the powder substance mПР is calculated according to the formula:

0

HT HE P
P

p Vm
R T


 

 ,                                             (3.123)

where ПР is the molecular mass of the powder substance.

Table 3.2. Molar masses of inert gases for infl ation
Gas Helium Neon Argon Xenon

Molar mass, mol/kg 4.003 20.179 39.948 131.29

Table 3.3. Characteristics of sublimable substances for infl ation

Substance Molecular 
weight

Density, 
kg/m3

Melting 
point, K

Boiling 
point, K

Sublimation parameters

Heat of sublima-

tion, 
 


J

kg K

Vapor pressure, 

log Bp A
T


   

d-Camphor 152.23 1000 451.5 477 5.073 . 108
609026.571

T


Naphthalene 128.16 1145 353.22 490.9 6.739 . 108
832631.948

T


Benzoic acid 122.12 1265.9 394.7 602.22 6.848 . 108
T

822329.595–

Anthracene 178,22 1250 490 627 10.339 . 108
1243636.530

T


Anthragui-
none 208,2 1419 559 652 12.307 . 108 1520640.145

T


аmм
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With the forced infl ation method, the shell is infl ated by supplying gas from 
the gas storage tank. Th e mass of the gas storage and supply system  is determined 
using the expressions:

mCЗПГ = mЕЗГ + mCПГ + mГ mCХПГ = mЕХГ+ mCПГ + mГ ,         (3.124)
where mЕЗГ is the mass of the gas storage container; mCПГ is the mass of the gas 
supply system to the shell, according to (Th unnissen, 1991), for a single-compo-
nent gas, it has been accepted mCПГ  = 0.01...0.2 kg.

Th e assessment of the eff ect of FSD on ADS is carried out using the algorithm 
(Skorik, 2013), (Paliy, 2015):

 determination of the minimum size of the FSD dmin capable of penetrating 
the shell thickness ;

 calculation of the collision frequency N of the ADS shell with the FSD;
 assessment of pressure losses in the ADS shell.
To determine the minimum size dmin of the FSD capable of penetrating a shell 

with a thickness , the ballistic equation (Alpatov, 2012) is solved:

 t pBd t H c V      
0.9473681 4 2 3

min 0.106022 ( ) ,          (3.125)

where dmin is th e FSD diameter; HB is the Brinell hardness of the target material;  t, 
p are the densities of FSD and fi lm materials;  is the sound velocity in FSD material, 
for aluminum c = 5.1 km/s;  is the FSD velocity (average velocity is V ≈ 10 km/s).

Based on the found value, the frequency of collisions of the ADS shell with 
the FSD is calculated (Skorik, 2013):

N = SП . Q(di);                                                (3.126)
dmin  di  dmax                                                 (3.127)

where SП is the surface area of the infl atable elements of the ADS;  is the average 
fl ow of FSD with a diameter at a given fl ight altitude, calculated using the MAS-
TER-2009 space debris environment model (Meteoroid and space…, 2010); dmin, 
dmax are the minimum and maximum size of FSD in MASTER-2009.

Aft er that, an assessment is held of pressure losses inside the ADS shell due to 
the eff ect of FSD during tL. Based on the values di and the calculated fl ow Q(di) for 
the ADS with the surface area SП of the infl atable elements, the area of the formed 
holes S0 in the shell is calculated over time tL.

 
0

2

1 4
Lt n i

iiT
d

S N d dt 


  ,                               (3.128)

where d1 is the minimum size, d1  = dmin; dn is the maximum size of FSD, the fl ow of 
which is calculated using MASTER-2009; N(di) is the frequency of collisions of the 
diameter FSD with the shell, which is determined from the expression (Skorik, 2013):

N(di) = Q(di) . SП ,                                  (3.129)
where  is the surface area of the ADS shell.
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Th e amount of gas that can fl ow out of the opening with the area  of the infl at-
able element of the ADS is obtained by the formula (Koshmarov, 1977):

0

1 2
3

1 2

1
2

Lt

O
t

p p S dt
R T T

 
   
   

 ,                       (3.130)

where p1, p2, is the gas  pressure in the shell and exosphere, respectively; T1, T2 are 
the temperatures of gas in the shell and exosphere, respectively; R — universal gas

constant, R 


 

2

2
m kg8.3144621

s K Mol
To determine the wei ght of the ADS infl ation system of various confi gura-

tions, Table 3.4 shows the main dependencies.
Table 3.4 shows: mCH is the mass of the infl ation system; A is the atmospheric 

density; V is the orbital velocity of the SO; SM is the cross-sectional area; Ais the 
molecular weight of the gas for infl ation; R0 is the universal gas constant; TA is the 
atmospheric temperature; mСЗПГis the weight of the gas storage and supply system 
to the infl atable element of the system; VTOn

 is the volume of the n-th torus, is 
determined by the following expression:

22, 467
n nTO T KOV d d .                                      (3.131)

dTn
 is the diameter of the n-th torus; dKO is the diameter of the deorbit space ob-

ject; VHEn
 is the volume of the n-th infl atable element, in this case, it is the volume 

of the spherical shell and is determined by the expression:
20.5236

nHE CV d  .                                       (3.132)

v is the total number of spherical shells, which is determined by the following 
ratio:

v = nCHЩ + nCTO                                          (3.133)
mСЗПГ = mБ + mГП                                        (3.134)
mБ = SБ

П . Б
М . Б

М                                        (3.135)
mГП = mРТ + mДТ + mЗА                                 (3.136)

mСЗПГ is the mass of the gas storage and supply system for infl ation; mГП is the 
mass of the gas supply system for infl ation; mРТ is the mass of the infl ation pres-
sure regulator; mДТ is the mass of pressure sensors; mЗА is the mass of the valves; 
pHT is the overpressure in the infl atable elements of the AE; VHE is the volume of 
AE infl atable elements; Г is the molecular weight of the gas for infl ation; mБ is the 
mass of the gas storage cylinder; Б

М is the thickness of the gas cylinder material; 
Б

М  is the density of the material from which the gas cylinder is made.
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3.5. Inflation system parameters

Table 3.4. Relationships for determining the mass of the infl ation system 
of aerodynamic systems of various confi gurations

ADS confi guration Th e mass of the infl ation system

«Sphere»

2
3

0

0,755
2

A
M

CH C3
A

V S

m m
R T

          




«Round shield»

2
3

0

0,01
2

A
M

CH C3
A

V S

m m
R T

          




«Dihedral panels»

2
3

0

0,011
2

A
M

CH C3
A

V S

m m
R T

          




«Pyramide Triangle»

2
3

0

0,017
2

A
M

CH C3
A

V S

m m
R T

          




«Pyramide Square»

2
3

0

0,015
2

A
M

CH C3
A

V S

m m
R T

          




«A cone made of tori»

2

1

0

2 n

k
A

TO
n

CH C3
A

V V

m m
R T




  
        




«A cone made of tori 
with spheres placed in-
side»

2

01

2 n
A

Ck
CH CH C3

An

V V

m m m
R T

     
      

 
  
 






«Bulk sail»

2

01

2 n
A

HEv
CH C3

An

V V

m m
R T

     
     

 
  
 








82

CHAPTER 3. Models to choose design parameters of aerodynamic deorbiting systems

We assume that the gas cylinder has several confi gurations: sphere, torus, 
and cylinder. Th e working pressure in the cylinder is orders of magnitude higher 
than the ambient pressure, and the thickness of the cylinder material is calculated 
according to the momentumless theory. Formulas for calculating material thick-

Table 3.5.  Material thickness of gas cylinder in diff erent confi gurations

Gas cylinder shape Cylinder material thickness, m Surface area of the cylinder, m2

Cylinder Б
М 

=
 pPTdБ

       2 SП
Б
 = 1.57dБ

2+3.142dБlБ

Torus Б
М 

=
 pPTdБ(dT – dБ)

       2(dT – dБ) SП
Б
 = 9.87dTdП

Б
 

Sphere Б
М 

=
 pPTdБ

       4 SП
Б
  = 3.142dБ

2

Material Density
 

kg/m3

Modulus of elasticity 
пр, Pa

Metals
Aluminum alloys

AlMg-6 (Shalin, 1996) 2640 7.1 . 109

1420 (Shalin, 1996) 2470 7.5 . 109

1460 (Shalin, 1996) 2600 8 . 109

2090 (Shalin, 1996) 2590 7.6 . 109

8090 (Shalin, 1996) 2560 7.7 . 109

Titanium alloys

Ti–6Al–4V (Ti 6Al 4V…) 4430 1.14 . 1011

Ti-5Al-2Sn-2Zr-4Mo-4Cr (Titanium Ti-5…) 4650 1.15 . 1011

Ti–10V–2Fe–3Al (Titanium Ti-10…) 4650 1.1 . 1011

Ti–5.5Al–3.5Sn–3Zr–1Nb (Titanium IMI…) 4540 1.25 . 1011

Composite materials

Honeycomb structures with aluminum fi lling (Gay-
dachuk, 2012) 37 1.1 . 1011

Carbon fi ber plastics (Banichuk, 1997) 1500 1.8 . 1011

Fiberglass plastics (Banichuk, 1997) 2100 5.7 . 1010

Table 3.6.  Characteristics of structural materials of rocket and space technology
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3.6. Storage system parameters

ness Б
М and surface area SБ

П of gas cylinders of diff erent confi gurations are shown 
in Table 3.5 (Pisarenko, 1988).

Th e formulas in Table 3.5 indicate: dБ is the diameter of the cylinder; pPT is the 
working pressure in the cylinder;  is the tensile strength of the cylinder material; 
dT is the torus diameter; lБ is the length of the cylinder; dП

Б is the cross-sectional 
diameter of the torus cylinder.

Th e practice of designing gas cylinders for launch vehicle propulsion systems 
shows that aluminum and titanium alloys (Sutton, 2010) are used for their manu-
facture, the characteristics of which are given in Table 3.6.

3.6.  Storage system parameters

Th e following requirements are imposed on the materials used to manufac-
ture the ADS storage system: material resistance to space factors; resistance 
to dynamic loads at the stage of launching a space object into orbit and re-
sistance to temperature deformation of the material. Material selection and 
assessment of the possibility of its use at the initial stages of design is based on 
the analysis of some basic material characteristics, such as parameters charac-
terizing strength and stiff ness properties, and mass characteristics. A variety 

Table 3.7.  Dependencies for determining the weight of the ADS 
storage system of diff erent confi gurations

ADS confi guration Weight of the storage system

«Sphere»  236 4C3 M MHE 3 MC3 MC3m S V    

«Round shield»  236 1,224 1,388C3 M MHE M MPE 3 MC3 MC3m S S V      

«Dihedral panels»  236 1,06 1,5C3 M MHE M MPE 3 MC3 MC3m S S V      

«Pyramide Triangle»  236 1,344 2,657C3 M MHE M MPE 3 MC3 MC3m S S V      

«Pyramide Square»  236 1,342 2,654C3 M MHE M MPE 3 MC3 MC3m S S V      

«A cone made of tori»   236C3 TO HM MHE 3 MC3 MC3m S S V       

«A cone made of tori 
with spheres placed in-
side»

  236C3 TO HM C MHE 3 MC3 MC3m S S S k V          

«Bulk sail»   236C3 TO HM C MHE 3 MC3 MC3m S S S v V          
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of metal alloys, polymeric, and composite materials are used in the design of 
space technology elements. Table 3.6 shows some characteristics of the main 
structural materials.

To determine the mass of the storage system, we will assume that it is made 
in the form of a cube. Th e parameters of the storage system are determined by 
the volume of the aerodynamic element in the folded state and the volume of the 
material of the supercharging system. In general, the mass of the storage system  
is calculated using the following relationship:

 236C3 MHE MPE 3 MC3 MC3m V V V     ,        (3.137)

where VMHE is the volume of material of infl atable elements; VMPE is the material 
volume of deployable elements; VЗПГ is the volume of the gas storage and supply 
system to the infl atable element;  is the thickness of the storage system material;  
is the density of the storage system material. We assume that at the initial design 
stage of the ADS, the material thickness of its onboard storage system is the same 
as the material thickness of the structure of the space object being deployed. Table 
3.7 shows the main dependencies for determining the mass of the ADS storage 
system of various confi gurations.
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DESIGN SCHEMES 
OF AERODYNAMIC SYSTEMS 
FOR DEORBITING SPACE OBJECTS

4CHAPTER

Space objects subject to deorbit aft er the end of their active 
lifetime are spacecraft  and upper stages of launch vehicles. In 
this section, design schemes of aerodynamic systems for the 
deorbiting of the following classes of space objects are pro-
posed: space objects of the «nano», «micro» and «large» class. 
Th e space object nano class is characterized by a mass range 
[1—10 kg], the micro class — [150—600 kg], and the large 
class [>1000 kg].

Space objects of the «nano» class are mainly used for 
demonstration missions to test new elements of space techno-
logy. Th e term of orbital lifetime of these objects for the 
range of orbital altitudes of 600—700 km can reach 150—
200 years. In this section, it is proposed to use the principle 
of transformation of the structure of the apparatus into an 
aerodynamic system of deorbiting a spacecraft  of this class.

Spacecraft  of the «micro» class are used in remote sensing 
of the Earth’s surface. As a rule, they are placed in orbits with 
an altitude range of [600—800 km], where the period of or-
bital existence for these devices can reach more than 500 years. 
To ensure the recommended period of their orbital existence, 
original design schemes of aerodynamic deorbit systems are 
proposed.

Also, in this section, schemes of aerodynamic systems for 
the deorbit of «large» class spacecraft  are considered, namely, 
the upper stages of launch vehicles and modular large-sized 
structures (using the example of orbital stations). A feature of 
the deorbit of the upper stages of the launch vehicles is that 
even in the case of the presence of the necessary amount of 
fuel to perform the descent maneuver from orbit, there is a 
probability of failure to perform the reorientation in the event 
of a failure of the control system. To ensure the recommended 
period of orbital existence, these objects are proposed to be 
equipped with ADS. Several schemes for the implementation 
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of ADS at objects of this class are given. As for the problem of deorbiting large-
sized modular structures, the weight of which is tens, and in some cases, hun-
dreds of tons, for these purposes, a specialized transport vehicle is launched into 
orbit, which docks with the object and with the help of its on-board propulsion 
system, a detour maneuver is performed from orbit. To save costs for the deorbit 
of objects of this class, it is proposed to divide the object into modules equipped 
with aerodynamic deorbiting systems before deorbiting.

4.1. Schematic of the aerodynamic deorbiting systems 
of space objects of the «nano» class

At the moment, the space object cubesat platform, which belongs to the «nano» 
class and consists of one cube-shaped module, or their combination, is widely used 
to perform simple space missions. Th is confi guration covers classes by mass of 
space objects from «nano» to «micro». Th ere is a need to reduce the ballistic life 

Fig. 4.1. Th e space object is made based on the CubeSat platform in a regular mode of operation: 
1 — space object; 2, 3 — solar panels
Fig. 4.2. Th e space object made based on the CubeSat platform in deorbit mode, with protec-
tive panels retracted: 1 — space object; 2, 3 — solar panels; 4, 5 — deployable elements of the 
structure

Fig. 4.3. A space object of the «nano» class in the mode of deorbiting, with the structure shift ed 
along the longitudinal axis: 1 — space object; 2 — the body of the space object is shift ed along 
the longitudinal axis
Fig. 4.4. Space object in regular operation mode: 1 — space object; 2 — solar panel; 3 — an-
tenna; 4 — solar panel; 5 — antenna
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4.2. Scheme of the aerodynamic deorbiting system of space objects of the «micro» class

of space objects made based on the CubeSat platform, aft er the end of their active 
lifetime. To solve the problem of deorbiting a «nano» space object from orbit, a 
design scheme of the separation system is proposed, based on the transformation 
of the space object design into an ADS. With the help of the proposed method, 
it is possible to reduce the period of ballistic existence of these space objects. 
So, for example, a space object 1 (Fig. 4.1) (Patent of Ukraine for the invention 
No. 113747), made in the form of a prism from a set of cubic-shaped modules, 
functions in orbit in normal mode with deployed solar panels 2, 3. As soon as 
the term of active lifetime of space object 6 ends, it will go to the mode of non-
orientational fl ight, to reduce the period of its ballistic existence, structural ele-
ments 4 and 5 of space object 1, which are not used in the normal mode of its op-
eration, are tilted by 90° in the direction indicated in Fig. 4.2 by arrows. In this way, 
the cross-sectional area of the space object increases and, as a result, the period of 
its ballistic existence decreases. If the reduction of the ballistic lifetime due to the 
rejection of structural elements 4 and 5 is not enough, to reduce it, it is proposed to 
make the body 2 of the space object 1 slide and move it in the direction indicated 
in Fig. 4.3 with an arrow.

It should be noted that the approach to increase the ballistic coeffi  cient of a 
space vehicle based on the use of its standard structural elements can be applied 
to second-class space vehicles as well if the calculations confi rm this possibil-
ity and there are no technological problems with the fi nal transformation of the 
space vehicle at the end of its regular operation.

4.2 . Scheme of the aerodynamic deorbiting 
system of space objects of the «micro» class

In the ADS, based on the transformation of the design of the space object, to in-
crease the area of the median cross-section, the regular structural elements of the 
corresponding object are used (Patent of Ukraine for the invention No. 113747, 
2017), (Alpatov, 2015), also to increase the area of the median section, additional 
modules can be used, which are transformed into a rigid AE. Structurally, sys-
tems of this class consist of an aerodynamic element and a deployment system.

To increase the cross-sectional area and aerodynamic drag coeffi  cient of the 
spacecraft , standard elements of its design (solar panels, space antennas, protec-
tive screens, etc.) are used.

At the end of the active lifetime of the spacecraft , these elements are set from 
their regular position (Fig. 4.4) to the one that provides the maximum coeffi  cient 
of aerodynamic drag and the cross-section area (Fig. 4.5), as a result of which the 
ballistic lifetime of the spacecraft  is reduced.

As an example, let’s consider the transformation of the «Sich» type spacecraft  
design (Fig. 4.6) into ADS.

Two variants of the space object structure transformation have been consid-
ered:  dropping protective screens (Fig. 4.7); displacement of the body along the 
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longitudinal axis. For a typical structural scheme of «micro» class objects, the 
placement of the ADS should be implemented on the base plate of the space ob-
ject. A phenomenological analysis of the options to choose the zones of the ADS 
placement on the slab leads to the option shown in Fig. 4.8.

Th e container body, where the ADS is placed has a box shape. It is advisable to 
produce it from thin-sheet aluminum material with a protective coating. Th is also 
applies to the container lid. To choose a material, you need to create a list of re-

Fig. 4.6.  Space object of the «micro» class in regular mode of operation: 1 — spacecraft ; 2—5 — 
solar panels

Fig. 4.7.  Micro class space object in the deorbiting mode with protective panels retracted: 1 — 
spacecraft ; 2—5 — solar panels; 6—9 — protective screens

Fig. 4.8. Area for ADS placement on the «micro» space object plate: 1 — zone of ADS place-
ment; 2 — base plate; 3 — fl ight direction; 4 — zone of ADS placement; 5 — the direction to 
the Earth

Fig. 4.5. Space object in the deorbiting mode: 1 — space object; 2 — solar panel; 3 — antenna; 
4 — solar panel; 5 — antenna
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4.2. Scheme of the aerodynamic deorbiting system of space objects of the «micro» class

quirements for these structural elements. Th e 
main ones are the requirements for materials 
that must be in outer space for a long time. Th e 
accumulated experience of using materials for 
the conditions of open space allows us to form 
a certain list of such materials, Table. 3.6. Th e 
container serves as a storage system for aero-
dynamic elements (deployed sails and deploy-
ment mechanisms) until the end of the period 
of active operation of the spacecraft .

Th e design scheme of the ADS includes 
the following elements: a rigid frame, which 
can be in the state of packaging and the work-
ing non-deployed state, the canvas of the sail 
element, which is made of a fi lm resistant to 
the infl uence of space factors, a deployment 
system, a device for checking the container. 

Th e rigid frame consists of spring masts, 
which are made of a set of conical springs. 
Th e spring masts are connected with plates to 
make the structure more rigid. Th e material 
from which the springs are made has the same 
requirements as the materials of the container 
body, which are listed in Table 3.6. Th e canvas 
of the sailing element is made in the form of 
two cylinders connected by a strip of polymer 
fi lm material. During long-term operation in 
orbits higher than 600 km due to the infl uence 
of atomic oxygen, polymer materials degrade, 
which leads to a decrease in their thickness. 
Suffi  cient experience in  orbital experimental 
research has been accumulated, which allows 
materials with the least sensitivity to the infl u-
ence of atomic oxygen to be absorbed.

During operation, aft er opening the lid of 
container 2 with the help of a pyro lock and 
spring mechanisms, the aerodynamic sail el-
ements are deployed with the help of special 
electric drives 3 (Fig. 4.9) (Alpatov, 2022a).

A typical sail drive (Fig. 4.10) is designed 
to control the confi guration of the device 
from commands coming from the space ob-
ject. It consists of a bracket 1, a direct current 

Fig. 4.10.  Sail drive for deploying 
an aerodynamic sail element: 1 — 
bracket; 2 — electric motor; 3 — coil; 
4 — traction

Fig. 4.9. Aerodynamic sail ele-
ment in the deployed state: 1 — 
aerodynamic sailing element; 
2 — container for storage on board 
the spacecraft ; 8 — drives for de-
ploying the aerodynamic sail ele-
ment
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electric motor 2, a coil 3, and two rods 4. Th e motor, rotating 
in one direction or another, unwinds or winds the rods on 
the coil. Th e tractions pass through the rods and are fi xed 
in the upper plate of the frame of the sailing element. Un-
der the action of conical springs, the plate of the frame rises 
with the canvas of the sail up when the tension of the rods is 
weakened or falls when the tension of the rods is increased, 
overcoming the resistance of the springs.

Placing the sails in the container is carried out with the 
help of appropriate technological equipment. Th e ADS to re-
move the «micro» class spacecraft  from orbit functions as fol-
lows. Th e device in the closed position of the container is in-
stalled on the spacecraft . Th e electrical connector of the device 
is connected to the power system of the spacecraft . Th e frame 
of the sail (Fig. 4.11) is made of two elastic masts installed be-
tween the base of the frame and the upper plate. Th e canvas 
of the sail is fi xed under the support discs of the masts. Th e 
canvas of the sail is placed at the bottom in casing 4 at the base 
of the frame, and at the top is fi xed with a bar on the plate of 
the frame. Th e drive rods that pass through the mast discs pro-
vide additional stability and protect the sailcloth from getting 
under the mast discs and springs.

Th e ADS of this type functions as follows. At the com-
mand from the spacecraft , voltage is applied to the system’s 
pyro lock. Th e pyro cartridge and the rod of the pyro lock are 
activated, thus the tab of the container lid is released. Th e lid 
opens under the action of the spring mechanism of the con-
tainer. Inside the container, two sail mechanisms are installed 
at an angle to each other in a compressed position. Th e spring 

of the masts of the sails squeezes the upper plates of the frames of the sails with 
the canvases of the sails fi xed on them, which occupy the working position.

At the command from the spacecraft , voltage is applied to the motors of the 
sail mechanisms to rotate the motor in the direction of unwinding the rods from 
the drive coil. Traction tension weakens. Th e springs of the sail masts squeeze the 
top plate of the sail frame with the sail cloth attached to it. In this way, the sails 
deployed on the spacecraft  body are brought to their working state (Fig. 4.12) 
(Alpatov, 2022a).

Th e use of this deorbiting device makes it possible to reduce the period of or-
bital existence in case of non-orientational movement of the removed object. Th e 
use of spring masts makes it possible to reduce the sensitivity of the aerodynamic 
element to the impact of damaging fragments of space debris. It should be noted 
that such a sailing system can be eff ective as long as the space object rotates rela-
tive to the oncoming fl ow. 

Fig. 4.11.  Sail 
frame: 1 — spring 
mast; 2 — drive
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Th erefore, it is necessary to carry out appropriate calculations of the dynamics 
of such a system to calculate the time interval during which the system will stop 
rotating and will be stabilized relative to the velocity vector of the mass center.

4.3. Diagra ms of the aerodynamic systems 
of deorbiting space objects of the «large» class

Th e design s cheme of the ADS is based on the use of a combined design, which 
consists of a shell fi lled with toroidal elements to increase the reliability of the 
system against its damage by particles of space debris. Such a system can be used 
to deorbit the last stages of the LV (Patent of Ukraine for invention № 109194, 
2015), (Alpatov, 2017b) (Fig. 4.13). or other designs that have a large mass and a 
small ballistic coeffi  cient. Th e design of the ADS has the form of a conical thin-
walled fi lm shell (CFS), which consists of infl atable annular toroidal shells that 
touch each other and the inner surface of the CFS. Th e ADS is connected to the 
LV stage using special multi-layer slings. Th e parameters of the slings (length, 
cross-section, material, their number, and structure) are calculated under the 
conditions of ensuring the appropriate reliability indicators and restrictions on 
their mass and volume. To increase the reliability of the system against damage 
by small fragments of debris, spherical thin-walled fi lm shells are placed in the 
inner cavities of the infl atable ring torus shells, which touch each other and the 
inner surface of the CFS.

ADS functions as follows. If it is necessary to deorbit the LV stage of the ADS, 
the cross-sectional area of the LV stage increases sharply, as a result of which 
the aerodynamic resistance of the stage increases, and it begins to be gradual-
ly withdrawn from the orbit into the dense layers of the atmosphere. It should 
be noted that autonomous spherical shells are located in the CFS, which take a 

Fig. 4.12. Aerodynamic sail ele-
ments in the deployed state on 
board the «micro» class space-
craft : 1 — spacecraft  of the «mi-
cro» class; 2 — aerodynamic sail 
elements
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spherical shape in orbit due to residual 
pressure. Violation of the integrity of a 
separate shell does not lead to the failure 
of a separate CFS, which would happen 
when using a CFS, the cavities of which 
are not divided into separate autono-
mous sections. Th is ensures a signifi cant 
increase in the period of active existence 

of the ADS because the failure of part of the total number of spherical shells does 
not lead to a change in the overall confi guration and dimensions of the ADS, that 
is, it does not aff ect the effi  ciency of its operation. However, the size of the dam-
aged part is subject to appropriate estimates.

  Th us, the proposed ADS is designed to ensure the reduction of the last stage 
of the launch vehicle from the Earth orbit with the simplicity of the design and 
high reliability of the ADS implementation under the conditions of the appropri-
ate calculation and optimization of the parameters of such a system.

However, such a scheme has a drawback — with the non-orientational move-
ment of a space object that is being eliminated, the maximum cross-sectional area is 
reached only at angles of attack of 0º and 180º, and at angles of attack of 90º and 270º, 
the cross-sectional area of the cross-section is almost halved, and as a result, the force 
of the aerodynamic braking. Th us, it is advisable to use this device during tentative 
deorbiting. To solve the problem of increasing the area of the median cross-section 
during non-orientational movement, a unifi ed design scheme of an aerodynamic 
element that does not require its orientation is proposed (Fig. 4.14) (Alpatov, 2022b).

Th e aerodynamic element 2 of the device (Fig. 4.14) is made in the form of 
three orthogonal planes to obtain the maximum aerodynamic resistance at any of 
its positions. It consists of a frame, twelve canvases, and a connecting fl ange. Th e 
transition from the stowed position inside the container to the operating posi-
tion in Earth orbit occurs due to the excess pressure inside the shell of the frame 
concerning the environment.

Th e frame of the aerodynamic element (Fig. 4.15) is hermetically made of 
high-strength light polymer material in the form of three internal torus shells 1, 
interconnected by infl atable masts 2. Spherical shells 3 are placed inside the torus 
shells and infl atable masts to increase their reliability due to the action of frag-
ments of space debris.

Th e canvas of the aerodynamic element is made of high-strength, light poly-
mer material in the form of a sail. It serves to create additional aerodynamic re-

Fig. 4.13.  Th e stage of a launch vehicle with an 
aerodynamic deorbiting system: 1 — launch 
vehicle stage; 2 — container for storing the 
aerodynamic deorbiting system; 3  conical thin-
walled fi lm shell
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sistance to the space object. Th e connecting fl ange of the aerodynamic element is 
made of high-strength polymer material with  ball support under the traction for 
connection with the mast of the device bracket. Th e thrust of the device connects 
the aerodynamic element with the space object. It consists of a cable and two ball 
supports at the ends of the cable, made of high-strength polymer material.

Th e device works as follows. On the outer surface of the space object, a con-
tainer of the deorbiting device is fi xed, in the inner cavity of which an aerody-
namic element is placed in a deployed form. Th e lid of the container is closed by 
the latches of the lock lever and fi xed by the pyro check of its drive. At the speci-
fi ed time, a command is sent from the space object to trigger the drive pyro check 
of the container lid closing mechanism. Th e pyro check releases the drive rod of 
the lid lock, which moves in the drive housing under the action of a compression 
spring. Th e rod, which is connected by an earring to the arm of the lid lock lever, 
turns its latches around the axis of the shaft  and releases the container lid, which 
is spring-loaded in its axes. Th e lid of the container opens, releasing the exit zone 
of the aerodynamic element. Th e arm of the mast, turning around its axis, is set 
in the working position. Th e shells of the aerodynamic element, coming out of 
the container, are infl ated under the action of the remaining air in their internal 
cavity to the working state. Th e aerodynamic element is held on the space object 
by the thrust of the device.

To deorbit modular large-sized space objects (MLSO) from LEOs, it is as-
sumed that the structure is formed in such a way that it disintegrates into separate 
modules at the end of the term of active existence (Fig. 4.16—4.18) (Patent of 
Ukraine for the invention No. 107880, 2015), (Palii, 2014). Each structural mod-
ule of the MLSO is pre-equipped with deployed self-contained ADSs in the form 
of infl atable shells associated with them.

Fig. 4.14.  Aerodynamic deorbiting system in operating position: 1 — space object that is being 
deorbited; 2 — aerodynamic element; 3 — storage and deployment system container
Fig. 4.15.  Th e frame of an aerodynamic element: 1 — torus shells; 2 — infl atable masts; 3 — 
spherical shells
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Th e design scheme of the complex space object’s deorbiting system consists 
of the design schemes of the deorbiting systems of each of the identifi ed struc-
tural modules into which the basic system is divided. In this way, the elements of 
the deorbiting system are designed by the mass and design characteristics of each 
module. Th us, the drainage system as a whole consists of a set of its correspond-
ing elements, which can be developed autonomously according to the appropriate 
methods of designing ADS.

Fig. 4.16. Basic confi guration of a modular large space object: 1—9 —
structural modules of MLSO; A is the orbit of the MLSO

Fig. 4.17. Orbit separation of separated MLSO modules at a distance ac-
ceptable for the deployment of the aerodynamic system: 1—9 — struc-
tural modules of MLSO; A is the orbit of the MLSO
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Such a system functions as follows. If it is necessary to deorbit the MLSO 
(Fig. 4.16) from low Earth orbit A, it is pre-divided into separate modules (Fig. 
4.17). Aft er modules 1 — 7 have separated in orbit to a distance acceptable for the 
deployment of the ADS, they are deployed (Fig. 4.18). Th e cross-sectional area 
increases, as a result of which the force of aerodynamic resistance increases, and 
the modules begin to be gradually withdrawn from orbit into the dense layers of 
the atmosphere.

If it is necessary to deorbit a separate module of the MLSO, it is separated 
from the base space object, and aft er moving away in orbit to a distance accept-
able for the deployment of the ADS, it is deployed and the module is deorbited.

Fig. 4.18. Modules of MLSO with implemented ADS: 1—7 — structural 
modules of MLSO; 8 — ADS; A is the orbit of the MLSO
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METHODS TO ANALYZE 
THE INFLUENCE OF THE PARAMETERS 
OF THE AERODYNAMIC SYSTEM 
FOR DEORBITING SPACE OBJECTS 
ON ITS EFFICIENCY

5CHAPTER

 5.1. The method to determine 
the parameters of the aerodynamic system

To determine the parameters of the aerodynamic deorbiting 
systems for space technology objects, methods have been de-
veloped based on the synthesis of the modular structure of the 
system, the decomposition of partial models of interconnected 
subsystems based on their physical, mathematical and com-
bined models (Skorik, 2013), (Paliy, 2015). Th e scheme of the 
methods is shown in Fig. 5.1. Th e method is based on the itera-
tive method of calculating the mass-dimensional characteris-
tics of the ADS based on the solution of partial design tasks 
and includes:

• a model of the geometry and masses of the ADS;
• a mathematical model of the disturbed orbital motion of 

the space object with the ADS, which is being deorbited;
• a model for taking into account the infl uence of space 

factors on the functioning of the ADS;
• an algorithm to select the type of ADS;
• an algorithm to choose rational design parameters of the 

ADS from the set of solutions obtained according to the cho-
sen criterion, taking into account the limitations on the time 
of the ADS’s active existence;

• verifi cation of solutions to the design problem by per-
forming verifi cation calculations.

In the fi rst stage, the calculation of the area of the median 
cross-section of the ADS and the analysis of the infl uence of 
space vacuum (sublimation) and atomic oxygen on the mate-
rial of the shell of the aerodynamic element are carried out. As 
a result, the parameters of the aerodynamic element are deter-
mined to ensure the given period of orbital existence.

In the second stage, the probability of the breakdown of 
the infl atable elements of the aerodynamic element is estimated, 
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Fig. 5.1. Scheme of the design method of aerodynamic deorbiting systems (see also page 98)
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and the area of the probable holes in the infl atable element is calculated. As a re-
sult, the parameters of the infl ation system are determined.

In the third stage, the parameters of the storage system and the parameters 
of the ADS as a whole are calculated. Assessments of the eff ectiveness of the ADS 
and comparison of infl atable, deployable, and transformed ADSs are carried out 
and the class of the aerodynamic system is selected to ensure the given period of 
orbital existence.

Th e calculation of the above parameters is performed according to the math-
ematical models and algorithms in sections 2 and 3.

5 .2. Calculation of aerodynamic element parameters

Calculation of the parameters of the aerodynamic element of the deorbiting sys-
tem is performed based on the analysis of the infl uence of space factors on the 
aerodynamic element, in particular, on the type and thickness of the shell ma-
terial to ensure the reliable functioning of the ADS during the given period of 
orbital existence. For these purposes, it is necessary to perform many calcula-
tions, namely, to construct appropriate nomograms for common ranges of work-
ing parts and mass-dimensional characteristics of the space object. Calculation of 
nomograms is performed according to the following algorithm:

1) calculate the area of the median cross-section of the space object with 
the ADS;

2) determine the surface area of the infl atable ADS elements;
3) determine the surface area of the deployable ADS elements;
4. evaluate the eff ect of space vacuum (sublimation) and atomic oxygen on 

the shell material;
5) determine the thickness of the material of the aerodynamic element of the 

ADS.

Fig. 5.1. Th e end
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Th e area of the median cross-section of the ADS is calculated using analytical 
dependencies (3.1), and (3.2). At the same time, the following set of output data 
of the deorbited space object is used:

• range of orbit altitudes, km: 700—1000;
• mass range of ADS, kg: 1—2150;
• the range of the space object cross-section area, m2: 0.015—22;
• the term of orbital existence is 25 years.
Th e results of the calculations are shown in Fig. 5.2.
Th e following algorithm is used to assess the infl uence of space factors. Th e 

entire altitude range of the space objects, which are being deorbited, from the 
initial altitude to the boundary of the dense layers of the atmosphere (≈200 km), 
is represented by the altitude of the orbits by a layer-by-layer structure with a 
step of 50 km. At the initial stage, the change rate in the material thickness un-
der the infl uence of space vacuum and atomic oxygen is calculated and taken 
as constant during the time during which the space object from the ADS will 
decrease to the altitude of the next layer. Based on the solution of the system of 
equations of orbital motion (2.1), the time during which the space object from 
the ADS will decrease to the orbital altitude of the next calculation layer is deter-
mined. Having determined the time interval during which the space object from 
the ADS will leave the range of altitudes of the current layer and the change rate 
in the material thickness on this layer, we will calculate the change in the mate-

Fig. 5.2.  Dependence of the 
ADS cross-section area on the 
orbital altitude of the space 
object that is being deorbited
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rial thickness using mathematical ratios 
(3.9)—(3.21). Upon reaching the space 
object range of the orbital altitudes of 
the next layer, the change rate of the ma-
terial thickness is recalculated and as-
sumed to be constant within the limits 
of the current layer. Th e procedure is re-
peated until the space object reaches the 
altitude of the boundaries of the dense 
layers of the atmosphere, the cycle is 
stopped, the changes in material thick-
ness are summed up, and thus the nomi-
nal material thickness necessary for the 
reliable functioning of the ADS during 
the entire period of orbital existence is 
determined. To determine the design 
thickness, the value dispersion coeffi  -
cient of the volume coeffi  cient of mass 
loss and the sublimation rate are used. 
Th e value of this coeffi  cient lies in the 
range of 1.22—1.45. Th e design value is 
determined by multiplying the nominal 
value of the shell thickness by this factor. 
Its lower value is used for the range of 
orbital altitudes (700—750) km, the up-
per value is used for the range of orbital 
altitudes (750—1000) km.

Th e system of equations (2.1) de-
scribing the orbital motion of the space 
object with the ADS is solved by the Ad-
ams-Bashforth method of the 4th order, 
with an integration step of 1 day. 

We will consider the use of the 
above algorithm on the example of deorbiting a 2150 kg LV upper stage. In this 
case, a set of initial data is used: the orbital altitude is 1000 km; the beginning of 
the deorbiting time on 01/01/2016; orbital eccentricity 0.000072; orbit inclination 
60°; a right ascent of the ascending node of the orbit 60°; the perigee argument of 
the orbit is 80° the area of the median crossing of the ADS is 1385 m2   the term 
of orbital lifetime is 25 years.

Th e results of solving the system of equations (2.1) are shown in Fig, 5.3—5.7.
To use the obtained results in the model of taking into account the infl uence 

of space factors, we will convert the change in the major semi-axis of the orbit 
into the change in the altitude of the apogee and perigee of the orbit (Fig. 5.8).

Fig. 5.3. Dependence of the semi-major axis 
of the space object orbit on time

Fig. 5.4. Dependence of the eccentricity of 
the space object orbit on time

Fig. 5.5. Dependence of the inclination of 
the space object orbit on time
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From the graphs shown in Fig. 5.8, it can be seen that at an altitude of ≈450 
km, the eccentricity of the orbit goes to zero and the orbit becomes circular.

Next, the altitude range of the space object orbit (in this case, 1000—200 km) 
is divided into layers of 50 km each. The results of the breakdown are shown 
in Fig. 5.9.

Th e graph is shown in Fig. 5.9, points show the moments of the start of a new 
iteration (reaching the altitude of the next layer). Th e obtained values are used to 
evaluate the infl uence of outer space factors (space vacuum, atomic oxygen, and SF).

Fig. 5.6. Dependence of the right ascent of the ascending node of the space 
object orbit on time

Fig. 5.7.  Dependence of the perigee argument of the space object orbit 
on time
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To determine the material thickness, the change rate of the material thick-
ness is determined, then the thickness of the AE material is determined to ensure 
the reliable functioning of the ADS during the given period of orbital existence. 
Th e following raw data are additionally used:

• type of AE material: «Zaylon»; «Mylar»; «Upilex»; «Kapton»; «PTFE»; 
«Kapton-T»;

• volume coeffi  cient of mass loss: 1.36 . 10–24 cm3/atom; 3.7 . 10–24 cm3/atom ; 
9.22 . 10–25 cm3/atom; 3 . 10–24 cm3/atom; 1.42 . 10–25 cm3/atom; 1.10 . 10–25 cm3/atom.

Th e results of calculating the change rate in material thickness under the in-
fl uence of space vacuum and atomic oxygen are shown in Fig. 5.10.

In Fig. 5.10 it is shown: PTFE — polytetrafl uoroethylene; Kapton-T — kap-
ton covered with a layer of Tefl on to increase resistance against the infl uence of 
atomic oxygen.

Fig. 5.8. Dependence of the altitude of the apo-
gee and perigee of the orbit on time

Fig. 5.9. Dependence of the perigee altitude 
of the orbit on time

Fig. 5.10.  Dependence of the change rate of the AE material thickness on the orbital altitude of 
the space object that is being deorbited

Fig. 5.11.  Dependence of the material 
thickness of the AE shell on the initial 
orbital altitude of the space object that is 
being deorbited
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As a result of the analysis of the results shown in Fig. 5.10, it can be con-
cluded that the Kapton-T material is signifi cantly superior to its analogs. Th at’s 
why it has been chosen for AE of the infl atable ADS. For the Kapton-T mate-

Fig. 5.12. Dependence of the diameter of the aerodynamic element of the «Sphere» ADS con-
fi guration on the altitude of the space object orbit
Fig. 5.13. Dependence of the surface area of the infl atable element of the «Sphere» ADS confi gu-
ration on the altitude of the space object orbit

Fig. 5.14. Dependence of the mass of the aerodynamic element of the «Sphere» ADS confi guration on 
the altitude of the space object orbit. Legend of the Figures — see Fig. 5.13
Fig. 5.15. Dependence of the shield diameter of the aerodynamic element of the «Round shield» 
ADS confi guration on the altitude of the space object orbit. Legend of the Figures — see Fig. 5.13
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rial, the thickness at which the ADS will function during the given period 
of orbital existence is calculated. Th e results of the thickness calculation are 
shown in Fig. 5.11.

Fig. 5.11 shows that the material thickness of the AE shell depends slightly 
on the initial orbital altitude of the space object that is being deorbited. Th e weak 
dependence can be explained by a signifi cant decrease in the concentration of 
atomic oxygen at altitudes (700—1000) km, at which ADSs with the deorbited 
space object move for ≈97% of the entire period of their orbital existence (Fig. 5.8). 
Based on this, we set the maximum value of the material thickness of the AE, 
equal to 130 μm, which we will use for all the initial altitude of the space object 
which is being deorbited.

5.2.1. Selection of  parameters of the aerodynamic 
element of monoblock systems

For the initial data given above, using mathematical expressions (3.22)—(3.26), 
calculations are made of the diameter of the aerodynamic element of the «Sphere» 
ADS, the surface area of the infl atable element, and the mass of the aerodynamic 
element, the results of which are shown in Fig. 5.12—5.14.

5.2.2. Selection of pa rameters of the aerodynamic 
element of frame-inflatable systems

Th e AE of the infl atable ADS consists of infl atable elements (infl atable masts) and 
deployable elements (thin fi lm membrane). To determine the general character-
istics of the AE, it is necessary to know the area of the median cross-section of 
the ADS, taking into account the given term of the orbital existence of the space 
object being deorbited.

Th e following confi gurations of frame-infl atable ADSs have been consid-
ered: «Round Shield»; «Two dihedral panels»; «Pyramide-triangle»; «Pyramide-
square»; «A cone made of tori»; «A cone composed of tori with spherical shells 
placed inside»; «Bulk sail».

For the initial data given above, using mathematical expressions (3.27)— 
(3.38), calculations are made of the diameter of the aerodynamic element of the 
«Round Shield», the surface area of the infl atable elements, the area of the deploy-
able surface of the element and the AE mass, the results of which are shown in 
Fig. 5.15—5.18.

For the initial data given above, using mathematical expressions (3.39) — 
(3.49), the diameter of the aerodynamic element of the «Two Dihedral Panels» 
ADS, the surface area of the infl atable elements, the surface area of the deployable 
elements and the mass of the aerodynamic element are calculated, the results of 
which are shown in Fig. 5.19—5.22.

For the initial data given above, using mathematical expressions (3.50— 
3.62), the diameter of the aerodynamic element of the «Pyramide-triangle» ADS, 
the surface area of the infl atable elements, the surface area of the deployable ele-
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ments and the mass of the aerodynamic element are calculated, the results of 
which are shown in Fig. 5.23—5.26.

For the initial data given above, using mathematical expressions (3.63)— 
(3.75), the diameter of the aerodynamic element of the «Pyramide-square» ADS, 
the surface area of the infl atable elements, the surface area of the deployable ele-
ments and the mass of the aerodynamic element are calculated, the results of 
which are shown in Fig. 5.27—5.30.

Fig. 5.16. Dependence of the surface area of the infl atable elements of the aerodynamic element of the 
«Round Shield» ADS confi guration on the altitude of the space object orbit. Legend of the Figures — 
see Fig. 5.13
Fig. 5.17. Dependence of the surface area of the deployable elements of the aerodynamic element of the 
«Round shield» ADS confi guration on the altitude of the space object orbit. Legend of the Figures — 
see Fig. 5.13

Fig. 5.18. Dependence of the mass of the aerodynamic element of the «Round shield» ADS con-
fi guration on the altitude of the space object orbit Legend of the Figures — see Fig. 5.13
Fig. 5.19. Dependence of the length of the infl atable masts of the «Two dihedral panels» ADS 
confi guration on the altitude of the space object orbit. Legend of the Figures — see Fig. 5.13
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For the initial data given above, using mathematical expressions (3.76)— 
(3.84), calculations are made of the cross-section diameter of the torus shell of 
the aerodynamic element of the «Cone made of tori» ADS, the surface area of the 
infl atable elements and the mass of the aerodynamic element, the results of which 
are shown in Fig. 5.31—5.33.

For the initial data given above with the help of mathematical expressions 
(3.85)—(3.93), calculations are made of the diameter of the cross-section of 

Fig. 5.20. Dependence of the surface area of the infl atable elements of the aerodynamic element of 
the «Two dihedral panels» ADS confi guration on the altitude of the space object orbit. Legend of the 
Figures — see Fig. 5.13
Fig. 5.21. Dependence of the surface area of the deployable elements of the aerodynamic element 
of the «Two dihedral panels» ADS confi guration on the altitude of the space object orbit. Legend of 
the Figures — see Fig. 5.13

Fig. 5.22. Dependence of the mass of the aerodynamic element of the «Two dihedral panels» ADS 
confi guration on the altitude of the space object orbit. Legend of the Figures — see Fig. 5.13
Fig. 5.23. Dependence of the base length of the prism of the «Prism-square» ADS confi guration on 
the altitude of the space object orbit. Legend of the Figures — see Fig. 5.13
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the torus shell of the aerodynamic element of the «Cone composed of tori 
with spherical shells placed inside» ADS, the surface area of the inflatable ele-
ments and the mass of the aerodynamic element, the results of which shown 
in Fig. 5.34—5.37.

For the initial data given above, using mathematical expressions (3.94)—
(3.106), calculations are made of the diameter of the cross-section of the torus 
shell of the aerodynamic element of the «Bulk sail» ADS, the diameter of the 

Fig. 5.24. Dependence of the surface area of the infl atable elements of the aerodynamic ele-
ment of the «Pyramide-square» ADS confi guration on the altitude of the space object orbit. 
Legend of the Figures — see Fig. 5.13
Fig. 5.25. Dependence of the surface area before the deployment of the elements of the aerody-
namic element of the «Prism-square» ADS confi guration on the altitude of the space object orbit.  
Legend of the Figures — see Fig. 5.13

Fig. 5.26. Dependence of the mass of the aerodynamic element of the «Prism-square» ADS con-
fi guration on the altitude of the space object orbit. Legend of the Figures — see Fig. 5.13
Fig. 5.27. Dependence of the base length of the prism of the «Prism-square» ADS confi guration 
on the altitude of the space object orbit. Legend of the Figures — see Fig. 5.13
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membrane; cross-sectional diameter of the torus shell; surface area of the aero-
dynamic element and its mass, the results of which are shown in Figs. 5.38—5.41.

5.2.3. Selection of the parameters of the aerodyn amic 
element of deployable aerodynamic deorbiting systems

For the initial data given above, mathematical expressions (3.107)—(3.113) 
are used to calculate the length of the side of the square and the surface area 

Fig. 5.28. Dependence of the surface area of the infl atable elements of the aerodynamic ele-
ment of the «Pyramide-square» ADS confi guration on the altitude of the space object orbit. 
Legend of the Figures — see Fig. 5.13
Fig. 5.29. Dependence of the surface area before the deployment of the elements of the aerody-
namic element of the «Pyramide-square» ADS confi guration on the altitude of the space object 
orbit. Legend of the Figures — see Fig. 5.13

Fig. 5.30. Dependence of the mass of the aerodynamic element of the «Pyramide-square» ADS 
confi guration on the altitude of the space object orbit. Legend of the Figures — see Fig. 5.13
Fig. 5.31. Dependence of the cross-sectional diameter of the torus shell of the «Cone made of tori» 
ADS confi guration on the altitude of the space object orbit. Legend of the Figures — see Fig. 5.13
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of the deployable elements and the mass of AE, the results of which are shown 
in Fig. 5.42, 5.43.

When the array of AE mass-dimensional characteristics of infl atable and de-
ployable ADSs is formed, it is possible to proceed to the next stage of ADS design: 
the selection of the infl ation system parameters.

Fig. 5.32. Dependence of the surface area of the infl atable elements of the AE confi guration of 
the «Cone composed of tori» ADS on the altitude of the space object orbit. Legend of the Figures — 
see Fig. 5.13
Fig. 5.33. Dependence of the AE mass of the «Cone made of tori» ADS confi guration on the 
altitude of the space object orbit. Legend of the Figures — see Fig. 5.13

Fig. 5.34. Dependence of the diameter of the cross-section of the torus shell of the «A cone made 
of tori with spherical shells placed inside» ADS confi guration on the altitude of the space object 
orbit. Legend of the Figures — see Fig. 5.13
Fig. 5.35. Dependence of the surface area of the infl atable elements of the AE of the «A cone 
made of tori, with the ones placed inside» ADS confi guration on the altitude of the space object 
orbit. Legend of the Figures — see Fig. 5.13
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5.3. Selection of the inflation system parameters

Th  e ADS infl ation system must ensure its reliable functioning during the entire 
period of the orbital existence of the space object. To achieve this, it is necessary 
to evaluate the impact of the SF on the infl atable elements of the ADS AE of 
various confi gurations, calculate the period of active existence of the system, and 

Fig. 5.36. Dependence of the mass of the aerodynamic element of the «Cone made of tori, with 
the ones placed inside» ADS confi guration on the altitude of the space object orbit. Legend of the 
Figures — see Fig. 5.13
Fig. 5.37. Dependence of the mass of the «Cone composed of tori, with tori placed inside» ADS 
confi guration on the altitude of the space object orbit. Legend of the Figures — see Fig. 5.13

Fig. 5.38. Dependence of the membrane diameter of the «Bulk sail» ADS on the altitude of the 
space object orbit. Legend of the Figures — see Fig. 5.13
Fig. 5.39. Dependence of the cross-section diameter of the torus shell of the «Bulk Sail» ADS on 
the altitude of the space object orbit. Legend of the Figures — see Fig. 5.13
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select the parameters of the infl ation system to ensure the reliable functioning of 
the system throughout the entire period of orbital lifetime.

Th e term of active lifetime is calculated according to the following algorithm: 
calculation of the minimum size of the SF capable of piercing the infl atable ele-
ment of the AE of the given thickness; calculation of the fl ow of space debris frag-
ments; determination of the increase rate in the area of the holes in the infl atable 

Fig. 5.40. Dependence of the surface area of the aerodynamic element of the «Bulk sail» ADS 
confi guration on the altitude of the space object orbit. Legend of the Figures — see Fig. 5.13
Fig. 5.41. Dependence of the mass of the aerodynamic element of the «Bulk sail» ADS confi gu-
ration on the altitude of the space object orbit. Legend of the Figures — see Fig. 5.13

Fig. 5.42.  Dependence of the sail base length of deployable ADSs on the altitude of the space 
object orbit. Legend of the Figures — see Fig. 5.13

Fig. 5.43.  Dependence of the AE mass of the deployable ADS on the altitude of the space object orbit. 
Legend of the Figures — see Fig. 5.13
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element for a given period of orbital lifetime; calculation of gas fl ow parameters; 
calculation of the period of the ADS’s active lifetime.

Th e calculation of the SD fl ux (Fig. 5.44) has been performed for the fol-
lowing initial data: subclass ADS — monoblock spherical; the initial altitude of 
the orbit is 1000 km; sphere diameter — 34 m; the term of orbital lifetime is 
25 years.

Th e calculated SF fl ow and the time for which the space object will decrease 
to the altitude of each layer (according to the algorithm for taking into account 
the infl uence of space factors) allow us to calculate the area of the formed holes 
in the infl atable element (Fig. 5.45). Th e area of the holes formed in the infl atable 
elements makes it possible to determine the FSD parameters to ensure the reli-
able functioning of the ADS. Th e FSD parameters are the excess pressure in the 
infl atable element (Fig. 5.46) and the gas mass for infl ating the infl atable element 
(Fig. 5.47).

Th e movement of gas from the infl atable element under the infl uence of SD 
is determined by the following parameters:

Fig. 5.44.  Dependence of the SD fl ux on the cross-sectional diameter of the 
fragment.

Fig. 5.45.  Dependence of the area of the holes in the infl atable 
element on the altitude of the space object orbit.
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where p1 is the excess pressure inside the infl atable element of the ADS; p2— at-
mospheric pressure; T1— gas temperature inside the infl atable element; T2 — 
atmospheric temperature.

Gas from the infl atable element will stop fl owing under the condition when 
N1 = N2 (Fig. 5.48), at this moment it is considered that the ADS has ceased to ex-
ist. From the graph in Fig. 5.48 it can be seen that the ADS will stop functioning 
aft er ≈ 21 days.

Next, the parameters of the infl ation system are determined to ensure the 
reliable functioning of the ADS during the given period of orbital lifetime of the 

Fig. 5.46.  Time dependence of the pressure 
in the infl atable element

Fig. 5.47.  Time dependence of the gas mass 
in the infl atable element

Fig. 5.48. Time dependence of gas fl ow pa-
rameters from an infl atable element

Fig. 5.49. Dependence of the gas mass for 
infl ating the ADS on the altitude of the 
initial orbit of the space object
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space object with ADS. As an example, consider the mass of the infl ation system 
of a spherical ADS for de-orbiting at an altitude of: 700 km; 800 km; 900 km; or 
1000 km, the mass of the space object is 2150 kg, the period of orbital lifetime is 
25 years. Th e results are shown in Fig. 5.49.

Mathematical expressions (3.119—3.140) and Tables 3.4, and 3.5 are used to 
determine the parameters of the ADS infl ation system of various confi gurations.

5.4. Assessment of the limits of the effective 
applicability of  aerodynamic deorbiting systems

At the fi nal stage of design, an assessment of the eff ectiveness of ADS of various 
types and confi gurations is carried out. For this purpose, the parameters of the 
ADS are determined, taking into account the masses of the storage system, the 
infl ation system, and the deployment system, and the limits of their eff ective use 
are determined. At this stage, the analysis of the ADS form is carried out. Th e 
confi guration of the ADS must satisfy the restrictions imposed on the ADS, while 
the system must have a minimum mass mACB. In this case, the following restric-
tions are imposed on the ADS confi guration:

 the term of active lifetime of ADS tA should be greater than or equal to the 
term of orbital lifetime of the space object with ADS;

 the mass of the ADS mACУ should not exceed the specifi ed value. Th e statis-
tical value is 5% of the mass of the space object mКО.

Th e mathematical formulation of the selection of the ADS parameters at this 
stage consists of minimizing the mass of the ADS, taking into account the restric-
tions imposed on its design. At the same time, the ratio expressing the criterion 
to choose a rational ADS is valid:

 
2 0,05

, , , minACB AE C3 CH CP
A L

k
m f m m m m

t t


 


,                    (5.3)

where mAE is the mass of the aerodynamic element; mCЗ — the mass of the storage 
system; mCH — the mass of the infl ation system; mCP — the mass of the deploy-
ment system; mKO — the mass of the space object; k2 — the specifi c mass of the 
ADS is determined using the following expression:

2
ACB

KO

mk
m

 ,                                               (5.4)

tA — the term of active lifetime of ADS; tL— the term of the orbital existence of 
the ADS.

At this stage, the mass of the ADS of various confi gurations is also calculated. 
Once the masses are determined, the effi  ciency of diff erent confi gurations is com-
pared. First, diff erent modifi cations of infl atable ADSs are compared. One of the 
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Fig. 5.50. Dependence of the specifi c mass of infl atable ADSs of the «Sphere» confi guration on 
the altitude of the orbit, for the deorbiting of space objects of diff erent mass
Fig. 5.51.  Dependence of the specifi c mass of infl atable ADSs of the «Round shield» confi gura-
tion on the altitude of the orbit, for the deorbiting of space objects of diff erent mass. Legend of 
the Figures — see Fig. 5.50

Fig. 5.52. Dependence of the specifi c mass of infl atable ADSs of the «Two dihedral panels» 
confi guration on the altitude of the orbit, for the deorbiting of space objects of diff erent mass. 
Legend of the Figures — see Fig. 5.50
Fig. 5.53. Dependence of the specifi c mass of infl atable ADSs of the «Triangle Pyramide» confi gu-
ration on the altitude of the orbit, for the deorbiting of space objects of diff erent mass. Legend of 
the Figures — see Fig. 5.50
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Fig. 5.54.  Dependence of the specifi c mass of infl atable ADSs of the «Pyramide square» confi g-
uration on the altitude of the orbit, for the deorbiting of space objects of diff erent mass. Legend 
of the Figures — see Fig. 5.50
Fig. 5.55.  Dependence of the specifi c mass of infl atable ADSs of the «Cone made of tori» con-
fi guration on the altitude of the orbit, for the deorbiting of space objects of diff erent mass. Leg-
end of the Figures — see Fig. 5.50

Fig. 5.56.  Dependence of the specifi c mass of infl atable ADSs of the «Cone made of tori with 
spheres placed inside» confi guration on the altitude of the orbit, to deorbit space objects of dif-
ferent mass. Legend of the Figures — see Fig. 5.50
Fig. 5.57.  Dependence of the specifi c mass of infl atable ADSs of the «Bulk sail» confi guration 
on the altitude of the orbit, to deorbit space objects of diff erent mass. Legend of the Figures — see 
Fig. 5.50
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most widely used systems are the systems classifi ed as deployable. Th erefore, the 
most eff ective infl atable system is compared with the deployable ADS, and the 
limits of the eff ective applicability of various types of infl atable systems are de-
termined. Th e initial data to evaluate the eff ectiveness of infl atable ADSs are the 
following ranges of relevant data: the mass of the space object: 1; 50; 150; 600; 
2150 kg; the altitude of orbit: 700; 800; 900; 1000 km; orbital eccentricity 0.000075; 
the area of the median cross-section of the space object: 0.015; 0.3; 0.62; 2.16; 
12 m2; the term of orbital lifetime of the space object is 25 years; confi gurations of 
infl atable ADSs: «Sphere», «Round shield», «Two dihedral panels», «Pyramide tri-
angle», «Pyramide square», «Cone made of tori», «Cone made of tori with spheres 
placed inside», «Bulk sail»; confi gurations of deployable ADSs: square sail.

For the specifi ed initial data, the parameters have been selected and the spe-
cifi c mass (coeffi  cient ) of the infl atable ADS has been calculated, which will en-
sure reliable functioning during the given period of orbital existence. Th e results 
are shown in Fig. 5.50—5.57.

Analysis of the results shown in Fig. 5.41—5.48, shows that the most eff ective 
from the point of view of the minimum mass is the «Bulk Sail» ADS confi gura-
tion and it is advisable to use it in orbits up to ≈850 km high.

Th e calculation of the specifi c mass of deployable ADSs to ensure reliable func-
tioning during the given period of orbital lifetime is carried out using mathematical 
expressions (3.169)—(3.175). Th e calculation results are shown in Fig. 5.58.

From the graphs shown in Fig. 5.49, it can be seen that it is advisable to use 
deployable ADS at altitudes of up to 800 km. It has also been determined that 
systems of this class are impractical to use on small cubesat-type spacecraft , this 
is explained by the fact that the deployment system of the deployable ADS has 
certain dimensions and mass, which are about 30% of the volume of the space 
object and about 50% of its mass.

Fig. 5.58.  Dependence 
of the specifi c mass of 
deployable ADSs on the 
altitude of the orbit



118

CHAPTER 5. Methods to analyze the influence of the parameters of the aerodynamic system 

5.5. Determination of the limit of effective application 
of the unified aerodynamic deorbit ing system 

5.5.1. Computer modeling of the orbital motion of the upper stage 
of a launch vehicle with  a unified aerodynamic deorbiting system 

We will consider the features of the application of a unifi ed aerodynamic element 
for input from the fi nal orbit of a typical booster unit of a launch vehicle. A close 
analog of such a carrier is the «Cyclone-1M» launch vehicle. For the fi nal calcula-
tions, we will use the values of the parameters of the upper stage, which are close 
to the values of the parameters of this rocket that have been published (Dimen-
sions of the payload…). Th e size of the transition ring, on which it is planned to 
place the container for storage and deployment of the aerodynamic de-orbiting 
system, is approximately less than one meter in diameter, the height is approxi-
mately 0.2 m, and the mass is about 300 kg.

Th e mathematical model (2.1)—(2.69) is used for computer modeling of the 
orbital movement of the upper stage of a launch vehicle with a modernized aero-
dynamic deorbiting system, based on which a corresponding application program 
has been developed to calculate the time of deorbiting of various dislocations.

Table 5.1. Time of orbital lifetime of the upper stage of the launch vehicle
Mass 
of the 
stage, 

kg

Area of the 
median of 
the stage,  

m2

Time of orbital existence of the upper stage of the launch vehicle, 
years (orbital eccentricity — 0.0001, inclination 81 degrees)

300 2.2557 Altitude 
values at 
perigee, 
km

500 600 700 800 900 1000 

Time of 
orbital 
lifetime, 
years

2.9 13.83 55.68 189.182 545.84 1272.98

Table 5.2. Th e deorbiting time of the upper stage of the launch vehicle 
when using the «Sphere» ADS type with a diameter of 4 m

Mass 
of the 
stage, 

kg

Median 
area of 

the stage, 
m2 

Th e de-orbiting time of the upper stage of the launch vehicle 
when using the «Sphere» ADS type with a diameter of 4 m, (eccentricity 

of orbits — 0.0001, inclination 81 degrees)

300 2.2557 Altitude values at 
perigee, km

500 600 700 800 900 1000

Deorbiting time, 
years

0.37 1.8 7.6 26.936 78.58 189.855
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Th e parameters and average time of orbital lifetime of the upper stage of the 
launch vehicle in near-circular orbits of diff erent altitudes are given in Table 5.1.

 Based on the obtained results, it can be seen that the need to reduce the pe-
riod of orbital lifetime for the upper stage of the launch vehicle, taking into ac-
count the limitation of  25 years, occurs from an altitude of about 626 km in 
close to circular orbits. In turn, in cases where there is a possibility of creating a 
danger for functioning orbital groups, the need for evacuation may also be from 
altitudes of less than 650 km. Taking this into account, we will conduct a study of 
the orbital motion of the upper stage of the launch vehicle when using infl atable 
aerodynamic systems of various confi gurations. Th us, with the average values of 
solar activity and the NRLMSISE-00 atmosphere model (Picone, 2002), the time 
for the deorbit of the upper stage of a launch vehicle from an altitude of 700 km 
in a polar close-to-circular orbit (e = 0.0001) when using an aerodynamic infl at-
able system of the «Sphere» type with a diameter of 4 m is approximately 7.6 years 
(Fig. 5.59).

Th e deorbiting time of another dislocation when using the «Sphere» ADS 
type with a diameter of 4 m is given in Table 5.2.

Fig. 5.59.  Th e deorbiting time of the upper stage of the launch vehicle 
when using the «Sphere» ADS type with a diameter of 4 m

Table 5.3. Th e deorbiting time of the upper stage of the launch vehicle 
when using the «Cone» ADS type with a base diameter of 4 m and a height of 2 m time

Mass 
of the 
stage, 

kg

Median 
area of 

the stage, 
m2 

Th e deorbiting time of the upper stage of the launch vehicle 
when using the «Cone» ADS type with a diameter of 4 m and a height of 2 m 

(orbital eccentricity — 0.0001, inclination 81 degrees)

300 2.2557 Altitude 
values at 
perigee, km

500 600 700 800 900 1000 

Deorbiting 
time, years

0.55 2.772 12.05 43.512 131.91 309.3936
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We will interpolate the obtained results. We apply data alignment using lin-
ear interpolation (Fig. 5.60). Based on the obtained data, it has been established 
that the limit of eff ective use of the «Sphere» ADS type with a diameter of 4 m is 
an altitude of 790 km.

Th e dashed line indicates the altitude corresponding to the deorbiting time 
of 25 years.

In turn, when using the «Cone» ADS type with a base diameter of 4 m and 
a height of 2 m, the time to deorbit the upper stage of the launch vehicle from a 
perigee altitude of 700 km to a perigee altitude of 180 km close to a circular orbit 
(eccentricity of the orbit — 0.0001) is 12.5 years (Fig. 5.61). Th e increase in the 
deorbiting time from the given orbit of the «Cone» ADS type compared to the 
«Sphere» ADS type is explained by the fact that the area of the full surface of the 
sphere is larger than the area of the cone, which is signifi cant for calculating the 
average value of the area of the median in the case of non-oriented movement.

Fig. 5.60.  Linear interpolation of the obtained data on the deorbiting time of the upper stage of 
the launch vehicle when using the «Sphere» ADS type with a diameter of 4 m
Fig. 5.61.  Th e deorbiting time of the upper stage of the launch vehicle when using the «Cone» 
ADS type with a base diameter of 4 m and a height of 2 m

Fig. 5.62.  Linear interpolation of the obtained data on the deorbiting time of the upper stage of 
the launch vehicle when using the «Cone» ADS type with a diameter of 4 m and a height of 2 m
Fig. 5.63.  Th e deorbiting time of the upper stage of the launch vehicle when using the «Flat 
disk» ADS type with a diameter of 4 m
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In turn, the «Cone» ADS types have a 
smaller volume compared to the «Sphere», 
which can aff ect the mass of the entire ADS 
during further development and installation 
on the upper stage of the launch vehicle.

Th e deorbiting time from close to polar orbits of another dislocation in terms 
of altitudes when using the «Cone» ADS type with a base diameter of 4 m and a 
height of 2 m is given in Table 5.3.

Th e interpolation of the results is shown in Fig. 5.62.
Th e dashed line indicates the altitude corresponding to the deorbiting time 

of 25 years.
Based on the obtained results, it has been determined that the limit of eff ec-

tive use of the «Cone» ADS type with these parameters is an altitude of 741 km 
for orbits with an eccentricity of 0.0001.

B ased on the research, it has been established that the smallest mass of aero-
dynamic elements (without taking into account the deployment and storage sys-
tem) has fl at aerodynamic sail deorbiting systems (Anderson, 2011), (Alhorn, 
2010), (Stohlman, 2014). Taking this into account, it is proposed to conduct a 
study of the deorbiting time of the upper stage of the launch vehicle when using a 
«Flat disk» ADS with a diameter of 4 m. Th us, the deorbiting time from a perigee 
altitude of 700 km to a perigee altitude of 180 km close to a circular orbit (eccen-
tricity of the orbit — 0.0001) is approximately 15.5 years (Fig. 5.63).

Co mparing the obtained results with the results of deorbit when using the 
«Sphere» (Fig. 5.54) and the «Cone» (Fig. 5.55) ADS types, it can be concluded 
that in the case of using the «Flat Disk» ADS type, the deorbiting time is the lon-
gest. Th is is explained by the fact that fl at sailing elements signifi cantly lose their 
eff ectiveness with non-oriented deorbit (Klinkrad, 2006).

Fig. 5.64.  Linear interpolation of the received data on 
the deorbiting time of the upper stage of the launch 
vehicle when using the «Flat Sail» ADS type with a 
diameter of 4 m

Table 5.4. Th e deorbiting time of the upper stage of the launch vehicle 
when using the «Flat Sail» ADS type with a diameter of 4 m

Mass of 
the stage, 

kg

Median area 
of the stage, 

m2 

Th e de-orbiting time of the upper stage of the launch vehicle 
when using the «Flat Sail» ADS type with a diameter of 4 m 

(orbital eccentricity — 0.0001, inclination 81 degrees)

300 2.2557 Altitude 
values at 
perigee, km

500 600 700 800 900 1000 

Deorbiting 
time, years

0.7 3.35 15.5 55.78 169.11 396.65
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Th e deorbiting time from close to polar orbits of another dislocation in terms 
of altitudes when using the «Flat Sail» ADS type with a diameter of 4 m is given 
in Table 5.4.

We will perform a linear interpolation (Fig. 5.64) of the results given in Table 5.4.
Th e dashed line indicates the altitude corresponding to the deorbiting time 

of 25 years. Th e results of the interpolation have shown that the limit of eff ective 
use of the «Flat Disk» ADS is the altitude at the perigee of 723.6 km (which cor-
responds to the deorbiting time of 25 years).

 5.5.2. Justification of the choice of structural type 
and design parameters of the modernized 
aerodynamic deorbiting system 

Based on the analysis of the deorbiting time of the upper stage of the launch ve-
hicle when using diff erent types of ADS, the following conclusions can be drawn:

•  Th e largest limits of eff ective application in terms of the maximum deorbit-
ing altitude belong to the «Sphere» ADS type. Th is is explained by the design fea-
tures of such ADSs, which provide the possibility of ensuring the maximum area 
of the median at diff erent orientations to the vector of the dynamic fl ow of the 
atmosphere. In turn, ADSs of this structural type have a signifi cantly greater mass 
than ADSs of other types, which is explained by the signifi cant overall character-
istics of the aerodynamic element, and the need to be equipped with a powerful 
infl ation system and a storage system. Also, with a monolithic layout (without 
the use of cellular structures), the ADSs of this type are signifi cantly exposed to 
the infl uence of outer space (OSD penetration, atomic oxygen exposure, electro-
static breakdown), which signifi cantly reduces their reliability and performance 
in long-term missions.

• Th e lowest deorbiting altitude of the upper stage of the launch vehicle be-
longs to the «Flat Sail» ADS type with the same diameter as the «Sphere» ADS 
type. Th is is explained by the presence of a large diff erence in the area of the me-
dian of the aerodynamic element at diff erent orientation angles to the vector of 
the dynamic fl ow of the oncoming atmosphere. Th us, with non-oriented move-
ment, the average value of the median area is signifi cantly smaller than that of the 
«Sphere» ADS type. In turn, the mass of the aerodynamic element is the smallest, 
which is explained by its overall characteristics. However, ADSs, which have fl at 
aerodynamically unstable aerodynamic elements of the sail type, as a rule, require 
the equipment of the space object to be deorbited with a mechanical deployment 
system. Taking into account certain design features of such mechanical deploy-
ment systems, their impact on the total mass of the ADS can also be signifi cant 
and cause additional diffi  culties in equipping diff erent types of OSD.

• «Cone» ADS types are in the middle in terms of application effi  ciency be-
tween the «Sphere» and «Flat Sail» ADS types, when the diameter of the base is 
equal to the diameter of the sphere and disc. However, the ADSs of the «Cone» 
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type (monolithic layout) also require an infl ation system and are exposed to the 
eff ects of space debris.

In turn, the use of cellular structures for the aerodynamic elements of the 
«Sphere» and «Cone» ADS can signifi cantly increase the mass of the system it-
self, and hence reduce the limits of application for certain classes of OSD. Th us, 
the question arose of fi nding the optimal combination of design features of the 
above-mentioned types of ADS, which would ensure the maximum area of the 
median depending on the orientation angles with the minimum mass of the aero-
dynamic element of the ADS.

To solve this problem, a new approach to the design of the ADS has been put 
forward, which consists of the development of the ADS of the «Bulk Sail» type 
(see Chapter 4). Th is approach makes it possible to ensure the necessary param-
eters of the ADS by combining the design advantages of infl atable volumetric 
ADS and fl at aerodynamically unstable sailing elements.

Th e work proposes to combine the design features of the «Sphere» and «Flat 
Sail» ADSs by creating a three-sided «Bulk sail» consisting of three orthogonal 
infl atable disks. Th is approach makes it possible to signifi cantly reduce the mass 
of the aerodynamic element in comparison with the «Sphere» type design while 
ensuring the maximum area of the median depending on the diff erent orienta-
tion angles to the vector of the dynamic fl ow of the oncoming atmosphere.

As a fi rst approximation, the diameter of each orthogonal disk is proposed 
to be 4 m, which corresponds to the limit of eff ective use of the «Sphere» ADS to 
deorbit the upper stage of the launch vehicle from an altitude of 790—800 km at 
average solar activity.

5 .5.3. General mass and dimensional characteristics 
of the modernized aerodynamic deorbiting system 
of the upper stage of the launch vehicle

Th e general mass and dimensional characteristics of the space debris object and 
the aerodynamic deorbiting system can be summarized in Table 5.5.

Th e maximum allowable mass of the ADS has been calculated taking into 
account the limitation — the mass of the ADS is equal to 5% of the mass of the 
deorbited OSD.

5.5.4. Determining the limit of effective application 
of the modernized aerodynamic deorbiting system of the upper 
stage of the launch vehicle in close to circular low Earth orbits

It is known that today one of the greatest interests of modern cosmonautics is 
the creation of orbital groups. Taking into account the current trends in the cre-
ation of orbital groups of satellite Internet in low Earth orbits, the launch vehicle 
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«Cyclone-1M» can be used precisely for these tasks. Th us, SpaceX plans to launch 
up to 42,000 Starlink satellites weighing up to 300 kg into low Earth orbits at alti-
tudes ranging from 550 km to 1,500 km with inclinations of  53.2°, 70°, and 97.6°. 
Taking this into account, the use of a modernized ADS to deorbit the upper stages 
of launch vehicles of the class from a given range of orbits may be appropriate.

So, let’s consider the calculations of the deorbiting time of the upper stage of 
the launch vehicle from close to circular low Earth orbits (e = 0.0005) of diff erent 
altitudes with inclinations of 53.2, 70, and 97.6°, the results of which are shown 
in Table 5.6.

Based on the obtained results, it can be seen that the use of the modernized 
«Bulk sail» ADS type with the specifi ed parameters meets the requirements for 
a deorbiting time of 25 years in the altitude range from 700 to 800 km. For an 
accurate determination, we will perform a linear interpolation of the obtained 
results (Fig. 5.65).

Th e dashed line indicates the altitude corresponding to the deorbiting time 
of 25 years

It has been determined that the limit of eff ective use is 771.9 km at perigee. 
We will consider orbits with inclinations of 70° (Table 5.7).

Th e interpolation of the obtained results of Table 5.7 is shown in Fig. 5.66.
Th e dashed line indicates the altitude corresponding to the deorbiting time 

of 25 years
Th e limit of eff ective application at an inclination of 70° is an altitude of 

780.25 km at perigee. We will consider an inclination of 97.6° (Table 5.8).
Th e interpolation of the obtained results of Table 6.8 is shown in Fig. 5.67.
Th e dashed line indicates the altitude corresponding to the deorbiting time 

of 25 years.
Th us, based on the study results of the limits of the eff ective application of the 

modernized aerodynamic de-orbiting system of the «Bulk sail» type, it can be con-
cluded that the maximum altitude of the deorbit of the upper stage of the launch 

Table 5.5. Characteristics of the spacecraft  for the study

Mass of the object of space debris (type — the upper 
stage of the launch vehicle),  mKA, kg

300

Cross-section area of objects of space debris SM, m2 2.2557

Th e maximum cross-section area of the aerodynamic 
element of the «Bulk sail» ADS type, SAE,  m2 

12.566 (for a maximum de-
orbiting altitude of 800 km)
4.448 (for a maximum de-
orbiting altitude of 700 km)

Th e maximum possible mass of the «Bulk sail» ADS 
type, mACB, kg

15 
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Table 5.6. Th e deorbiting time of the upper stage of the launch vehicle 
with the modernized ADS with a diameter of the aerodynamic element 
of the «Bulk sail» of 4 m, a range of orbits with inclinations of 53.2°

Mass 
of the 
stage, 

kg

Cross-
section 
area of 

the stage, 
m2 

Th e deorbiting time of the upper stage of the launch vehicle when us-
ing a modernized ADS of the «Bulk Sail» type with a diameter of the 
main discs of 4 m, (eccentricity of the orbits — 0.0005, inclination of 

53.2 degrees)

300 2.2557 Altitude val-
ues at perigee, 
km

500 600 700 800 900 1000 

Deorbiting 
time, years

0.43 2.1 8.835 31.32 97.372 220.761

Table 5.7. Th e deorbiting time of the upper stage of the launch vehicle 
with the modernized ADS with a diameter of the aerodynamic element 
of the «Bulk sail» of 4 m, a range of orbits with inclinations of 70°

Mass 
of the 

stage, kg

Cross-section 
area of the 
stage, m2 

Th e deorbiting time of the upper stage of the launch vehicle 
when using the modernized ADS of the «Bulk Sail» type with a 
diameter of the main discs of 4 m, (eccentricity of the orbits — 

0.0005, inclination of 53.2 degrees)

300 2.2557 Altitude val-
ues at perigee, 
km

500 600 700 800 900 1000

Deorbiting 
time, years

0.4 1.96 8.26 29.12 90.55 205.308

Table 5.8. Th e deorbiting time of the upper stage of the launch vehicle with the 
modernized ADS with a diameter of the aerodynamic element of the «Bulk sail» 
of 4 m, a range of orbits with inclinations of 97.6°

Mass 
of the 
stage, 

kg

Cross-
section 
area of 

the stage, 
m2 

Th e deorbiting time of the upper stage of the launch vehicle when 
using the modernized ADS of the «Bulk Sail» type with a diameter of 

the main discs of 4 m, (eccentricity of orbits — 0.0005, inclination 
of 97.6 degrees)

300 2.2557 Altitude val-
ues at perigee, 
km

500 600 700 800 900 1000 

Deorbiting 
time, years

0.385 1.89 7.992 28.159 87.56 198.53
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vehicle is 784.336 km in a close-to-circular orbit with an eccentricity of 0.0005 and 
an inclination 97.6°. On other close-to-circular orbits with inclinations of 53.2° and 
70°, the maximum deorbiting altitudes were 771.9 and 780.25 km, respectively. 
Th e decrease in the maximum deorbiting altitude when the orbital inclination ap-
proaches the equator is explained by the uneven distribution of the gravitational 
potential and the average density of the atmosphere. Th e results of the calculations 
of the maximum deorbiting altitudes of the upper stage of the launch vehicle, which 
correspond to the time of existence in the orbit of 25 years, have been obtained 
with a diameter of the aerodynamic elements of the «Bulk sail» of 4 m (the average 
value of the cross-section area has been 12.566). In turn, when setting a maximum 
deorbiting altitude of 700 km on orbits with such an eccentricity, the diameter of 
the fl at disks of the «Bulk sail» can be reduced to 2.38 m (with the average value of 
the cross-section area equal to 4.448).

Fig. 5.65. Linear interpolation of the re-
ceived data on the deorbiting time of the 
upper stage of the launch vehicle when 
using the modernized «Bulk Sail» ADS 
type with a diameter of 4 m: a — inclina-
tion 53.2°; b — inclination of 70°; c — he 
modernized ADS.
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 5.5.5. Determining the limit of effective application 
of the modernized aerodynamic deorbiting system of the upper 
stage of the launch vehicle in low Earth elliptical orbits

Low-Earth elliptical orbits include orbits whose apogee altitude does not exceed 
2,000 km. It should be noted that in such orbits, the eff ectiveness of the ADS 
application will be signifi cantly lower since the infl uence of aerodynamic distur-
bances will be signifi cantly reduced in the section of the trajectory located in the 
vicinity of the apogee. Th e probability of fi nding the upper stage of the launch 
vehicle in the orbits of such a dislocation is low. However, in the event of certain 
abnormal situations associated with a deviation from the given trajectory, it is 
quite possible for the upper stage to enter such orbits.

Th us, we will consider the deorbit of the upper stage of the launch vehicle 
with the help of the modernized ADS from small elliptical orbits (0.005<e<0.05) 
of diff erent dislocations. Orbit parameters and launch time calculations for the 
upper stage of the launch vehicle are given in Table 5.9.

Based on the conducted analysis of the deorbiting of the upper stage of the 
launch vehicle when using the modernized ADS from low-elliptical orbits of vari-
ous dislocations, it can be concluded that at the above-mentioned altitudes (alti-
tudes at perigee 500—600 km and at apogee 850—1400 km) the time of orbital 
existence meets the requirements of the Interagency Committee by space debris 
(for 90% of the analyzed orbits, the lifetime is less than 25 years, for 10% it does 
not signifi cantly exceed). Let’s calculate the statistical indicators of the values in 
Table 5.9 and list them in Table 5.10.

Based on the obtained calculations of the statistical indicators of the deorbit 
(Table 5.10) of the upper stage of the launch vehicle with the use of the modern-
ized aerodynamic deorbiting system, it can be concluded that in small elliptical 
orbits with an average eccentricity of 0.446, an apogee altitude of 1241.667 km 
and a perigee of 580 km, the lifetime of the upper stage is less than 25 years. In 
turn, the limits of eff ective application depend on the ellipticity of the orbit and 
the altitude values at perigee and apogee.

 5.5.6. Calculation of the parameters 
of the modernized aerodynamic deorbiting system 

Parameters of the orbit of the upper stage of the launch vehicle: the altitude of 
the orbit is 700; 800 km; eccentricity 0.0005; orbit inclination 86°; term of orbital 
existence ≤25 years.

For the initial data, the parameters of the modernized aerodynamic de-or-
biting system have been calculated using formulas (4.3—4.15). Th e results of the 
calculations are given in the Table. 5.11—5.13. Mass of infl ation system, kg: or-
bital altitude 700 km — 0.53; 800 km — 1.5.
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Table 5.9.  Th e deorbiting time of the upper stage of the launch vehicle 
from low-elliptical orbits of various dislocations

Altitude at 
apogee, km

Altitude at 
perigee, km Eccentricity Inclination, 

degrees

Th e deorbiting time of the upper 
stage of the launch vehicle when 

using the modernized ADS 
with a disk diameter of 4 m, years

600 950 0.021 80 13.07 
600 950 0.021 60 11.88
650 950 0.02089 80 22.21
600 1100 0.03458 60 21.99
650 1050 0.0276 30 28.12
500 1300 0.0549 80 11.44
500 1300 0.0549 45 10.43 
550 1300 0.0513 80 20.4
550 1300 0.0513 45 19.06
550 1300 0.0513 20 17.46
500 1400 0.061 80 13.54
500 1400 0.061 20 11.26
700 850 0.01 80 21.93
700 850 0.01 50 21.7
700 850 0.01 10 19.16
550 1400 0.057 80 24.37
550 1400 0.057 30 21.77
550 1400 0.057 45 22.76
600 1150 0.0379 80 25.34
600 1150 0.0379 60 24.71
600 1150 0.0379 30 22.97
600 1150 0.0379 10 21.51
500 1500 0.0677 80 15.89
500 1500 0.0677 60 14.96
500 1500 0.0677 20 13.09
500 1800 0.0863 80 23
500 1800 0.0863 60 21.95
500 1800 0.0863 20 19.13
750 850 0.0069 80 30.87
750 850 0.0069 10 27.23
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5.5.7. Conclusions to subsection 5.5

1. Th e study of the orbital period of existence of the upper stage of the launch ve-
hicle has been carried out. It has been determined that from altitudes of 626 km 
close to circular orbits, the orbital lifetime period of the upper stage of the launch 
vehicle exceeds 25 years.

2. Th e study of the orbital motion of the upper stage of a launch vehicle with 
aerodynamic deorbiting systems of the constructive type «Sphere», «Cone» and 
«Flat Sail» has been carried out. Based on calculations of the deorbiting time of 
the upper stage of the launch vehicle from close to circular polar orbits, it has 
been established that the limits of the maximum eff ective application limits in 
terms of deorbiting altitude belong to aerodynamic deorbiting systems of the 
«Sphere» type (altitude 790 km, with a sphere diameter of 4 m). In turn, fl at aero-
dynamically unstable sailing systems of the «Flat Sail» type have the smallest mass 
of the aerodynamic element. However, with non-oriented movement in the «Flat 
disk» type aerodynamic deorbiting systems, the average value of the median area 
is much smaller, and hence the maximum deorbiting altitude, which satisfi es the 
term of 25 years (altitude 723.6 km).

3. Taking into account the advantages and disadvantages of the use of the 
«Sphere», «Cone» and «Flat disk» aerodynamic deorbiting systems, the justifi ca-

Table 5.10.  Statistical indicators of the deorbiting time of the upper stage 
of the launch vehicle from low-elliptical orbits

Parameter
Mathemati-
cal Expecta-

tion

Average 
absolute 
deviation

Dispersion
Average
square 

deviation

Max. 
value

Min. 
value

Eccentricity 0.0446 0.020298 0.000581 0.0241 0.0069 0.0863
Altitude at 
perigee, km 580 65.33 6310.345 79.43768 750 500
Altitude at 
apogee, km 1241.667 235.55 82428.16 287.103 1800 850
Deorbiting 
time, years 19.773 4.445 29.33 5.416 30.87 10.43

Table 5.11.  Parameters of the new aerodynamic element

Cross-
section area, 

SM, m

Membrane 
diameter, 

dM, m

Surface 
area of 

infl atable 
masts, 

SПНЩ, m2

Surface 
area of 

toric shells, 
SПТО, m2

Surface 
area of the 
spherical 

shell, SПСФ, 
m2

Number 
of spheri-
cal shells, 

pcs.

Membrane 
surface 

area, SПМ, 
m2

4.448 1.7 0.32 1.04 0.01 366 2.29
12,. 66 2.8 0.91 2.94 0.03 366 6.47
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tion of the choice of the structural type and design parameters of the modernized 
aerodynamic deorbiting system has been made. A new type of design of aerody-
namic deorbiting systems has been developed  «Bulk sail».

5.6. Determining the limits of application 
of the deorbiting system based on the transformation 
of a space object into an aerodynamic system

To determine the limits of the application of the proposed method, we will cal-
culate the term of orbital existence of space objects of diff erent masses. In the ex-
treme case, consider the layout of the space object in the form of a square prism. 
Space object parameters: mass: 1; 50; 150; 600 kg; the length of the fl at of the side 
surface: 0.1; 0.45; 0.65; 1.2 m; type of orbit — circular; altitude of orbit: 600; 700; 
800; 900; 1000 km.

First, the area of the median cross-section of the space object is determined 
by taking into account the opened side panels according to the formula:

SM =                      ,                                           (5.5)

where SБПКО is the area of the side panels of the space object; SПКО is the surface 
area of the space object.

Table 5.12. Mass of the aerodynamic element

Material type Material 
thickness, m

Material density,  
kg/m3

Mass of AE, kg, for orbital 
altitudes of

700 km 800 km

Kapton 7.5327 . 10–5 1420 1.61 4.56
Tefl on 1.96054 . 10–5 2150 0.636 1.8
Mylar 6.14072 . 10–5 1390 1.29 3.64
Kunar 2.63174 . 10–5 1770 0.730 1.98
Zaylon 2.7745 . 10–5 1560 0.653 1.84

Table 5.13.  Mass of the storage system

Material type Material thickness, m Material density, kg/m3 Mass of SS, kg

Aluminum alloy AMg6 1 . 10–3 2760 2.4
Titanium alloy 3 . 10–4 4500 1.2366
Cellular three-layer 
structure, A5T-2,5-40P 1 . 10–2 68 0.623

SБПКО + SПКО
4
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Next, the term of the orbital lifetime of the space object is determined ac-
cording to the relations (Klinkrad, 2006):

 2 ,
3L

pe

at X e z
B

 
  , 

                               
       (5.6)
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where B is the ballistic parameter of the space object, B = CXSM/mKA; pe — the 
atmosphere density at the orbit perigee; IO(z) — Bessel function, order k = 0 and 
1, and argument; e — orbital eccentricity; — gravity table; CX — coeffi  cient of 
aerodynamic resistance, we accept; CM— area of the median cross-section; mKA— 
mass of the spacecraft ; a — major semi-axis of the orbit; H, pe— altitude of the 
dense layers of the atmosphere at the orbit perigee.

Th e results of calculating the term of the orbital existence of the space object, 
taking into account the opened side panels, are shown in Fig. 5.66.

Th e principle of transformation of the structures of the space object, which is 
being deorbited, has been used on the Sich-2-1 spacecraft .

Parameters of the «Sich-2-1» spacecraft : mass of the spacecraft  is 180 kg; the 
altitude of the orbit is 600 km; slope of 60°; estimated ballistic lifetime of 75 years.

To deorbit the «Sich 2-1» spacecraft  using the proposed method, it is pro-
posed to use turning mechanisms with a spring drive developed by the Yuzhnoye 
State Design Offi  ce.

Characteristics of turning mechanisms: the maximum turning angle is 180°; 
the mass is 0.34 kg.

We will analyze the version of the transformation of the «Sich-2-1» spacecraft  
structure, where the panels of the protective screen are folded back to increase the 
area of the median section. To fold the panels of protective screens, it is neces-
sary to use 4 turning mechanisms, the mass of which will be 1.36 kg. Th e area of 
the median cross-section as a result of the rotation of the panels will be 8.7 m2, 
which will allow, in turn, to reduce the period of ballistic existence to 33.1 years, 
in contrast to the calculated 75 years. Th us, to fulfi ll the requirement to reduce the 
lifetime of the spacecraft  to the directive period of fi ve years, appropriate design 
changes are required.

5.7.  Selection of parameters of the aerodynamic 
deorbiting system of modular large space objects

Th e Mir orbital station (Fig. 5.67) has been chosen as a typical modular large-
scale space object, which operated in a circular orbit 379 km high and consisted 
of 7 cylindrical modules, the characteristics of which are given in Table 5.14.
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 Th e analysis of design solutions for the Mir station (Nock, 2010) has shown 
the possibility of using an ADS for its de-orbiting at an altitude of ≈250—380 km 
with a mass of 140 tons. Th e ADS is spherical with a diameter of 182 m, which is 
made of polymer material kapton with a thickness of 9 microns. Technical char-
acteristics of the material kapton (DuPont™ Kapton): maximum working tem-
perature +300 °C, density 1.42 kg/m3, modulus of elasticity 231 MPa. Th e mass of 
such an ADS would be ≈893 kg. Th e use of such a system for the deorbiting of the 
MLSO is practically impossible since its manufacture and deployment in outer 
space is problematic because its dimensions and mass are much larger than the 
acceptable sizes of known thin-walled fi lm space objects manufactured and used 
in space (for example, Echo-1 and Echo-2 satellites (Jenkins, 2001)), the launch 
and deployment of which demonstrated the successful use of infl atable thin-fi lm 
devices in space.

Th e eff ect of SF on the shell at an altitude of 379 km is very small, so it can 
be neglected. However, the size of the spherical shell of the ADS proposed in 
(Nock, 2010) is unreasonable, because it is known that at the time of the launch of 
the Echo spacecraft  (Jenkins, 2001), the largest shell that could be manufactured 
under ground conditions, put into orbit and successfully deployed, was 36 m in 
diameter. More than half a century has passed since the launch of the «Echo» 
spacecraft , all this time the technologies for the manufacture of space infl atable 
systems have been improved and, as a result of the development of the technol-
ogy for the manufacture of space infl atable systems, the creation of an airship 90 
m long and 30 m wide, which will function at an altitude of ≈20 km (Liao, 2009).

Fig. 5.66.  Dependence of the term of the orbital existence of a space object, taking into account 
the opened side panels, on the orbital altitude

Fig. 5.67.  «Mir» Orbital Station
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Currently, the maximum diameter of the shell dmax is considered to be 90 
m (Liao, 2009), and the minimum mass of the ADS  for the de-orbiting of the 
MLSO from the LEO is 893 kg (Nock, 2010). In this regard, to check the technical 
feasibility of using the ADS, we will determine the diameter of the ADS shell of 
each module di, if di dmax, we can conclude the possibility of using this ADS. To 
evaluate the eff ectiveness of using the method proposed in (Patent of Ukraine for 

Table 5.14. Characteristics of the modules of the Mir orbital station

Module name Mass, t Module cross-
section area, m2 

Module 
name Mass, t

Th e area of the 
median cross-
section of the 
module, m2 

Base unit 20.90 49.56 «Spectrum» 
module

19.34 53.10

«Quantum» 
module

11.05 25.67 Docking 
compart-
ment

  3.90 10.02

«Quantum-2» 
module

19.50 49.80 «Nature» 
module

19.34 43.80

«Crystal» 
module

19.50 48.09

Table 5.15. Th e ADS parameters of each module of the Mir orbital station (Palii, 2014) 

Module name 

Diam-
eter of the 
ADS shell 

di, m

Shell 
thickness, 

10–6 m

Internal 
pressure of 

the ADS, Pa 

Shell 
mass, 

kg

Gas mass 
required to 
infl ate the 

ADS,

Mass 
of the 
ADS, 
mi, kg

Base unit 34 6 0.08 126.47 0.176 126.65
«Quantum» 
module 25 6 0.08   66.90 0.068   66.98
«Quantum-2» 
module 33 6 0.08 118.01 0.158 118,17
«Crystal» mod-
ule 33 6 0.08 118.01 0.158 118.17
«Spectrum» 
module 33 6 0.08 116.59 0.155 116.75
Docking com-
partment 15 6 0.08   24.10 0.015   24.12
«Nature» mod-
ule 33 6 0.08 117.30 0.157 117.36
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the invention No. 107880, 2015), let’s calculate the mass of the ADS of all modules  
Σmi, if , we can draw a conclusion about the eff ectiveness of using this ADS from 
the point of view of the minimum spent mass.

Th e parameter di can be obtained based on the median cross-sectional area of 
the shell of each module Σmi using geometric ratios.

To determine Σmi, it is necessary to calculate the ADS parameters for each 
module: shell thickness; internal shell pressure; a volume of the shell in the de-
ployed state; volume of the gas required to infl ate the shell.

To calculate the ADS parameters of each module, the method of selecting the 
ADS parameters developed by the author has been used. Input data for calcula-
tion: characteristics of the modules of the «Mir» station; altitude of the orbit of the 
«Mir» station — 379 km; deorbiting time tL = 3 days; shell material — polyimide 
PM-A, density 1420 kg/m3; gas to infl ate the shell — air; mass of the ADS is cal-
culated based on the amount of polymer substance and the gas to infl ate the shell.

To analyze the possibility of using the proposed method based on the initial 
data of Table 5.15, with the help of the method to select the ADS parameters 
(Skorik, 2013), (Paliy, 2015), the parameters of the ADS have been calculated for 
each module of the MLSO. Table 5.15 shows the results of the calculation of the 
ADS parameters for the modules of the Mir station.

For the calculated mass of the ADS for each module listed in Table 5.15, 
the parameter Σmi =688.2 kg is determined. Th us, for the output data of the cor-
responding Mir orbital station, the maximum diameter of the ADS shell of the 
corresponding module is  which is less than , therefore, it is possible to use the 
proposed form of the ADS to de-orbit MLSO from the LEO. Th e mass of the ADS 
of all modules Σmi =688.2 kg is smaller than mmin, so the use of the ADS in this 
case is eff ective. In addition, the proposed approach gives an additional advantage 
in saving mass for the considered case, which amounted to 204.8 kg.
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AERODYNAMIC SYSTEMS

6CHAPTER

 6.1. Inflatable modules 
of the space industrial platform

Mankind is facing the need to solve the problems of global 
warming and shortage of Earth’s resources. One of the con-
stituent ways of solving these problems is the step-by-step in-
dustrialization of space, which results in the transfer of high-
energy production to space. Space industrial platforms are the 
technological basis for the transfer of certain types of indus-
trial production (Alpatov, 2013b). Of particular interest is the 
production of unique materials and substances with charac-
teristics that can be achieved in weightlessness and vacuum 
conditions. In some cases, exposure to harsh radioactive radia-
tion may also be necessary. Th us, a whole direction in the fi eld 
of space technology development has emerged, related to the 
design of specialized space platforms, oriented to ensure the 
production of unique materials and products requiring open 
space conditions.

At the initial stage of development of a new spacecraft , de-
velopers usually have a limited set of initial data. For example, 
when developing a space industrial platform (SIP), the follow-
ing initial data are available: the composition of the main and 
auxiliary modules; parameters of technological processes im-
plemented on the platform (vacuum and microgravity levels, 
power capacity of equipment, etc.); composition of technologi-
cal equipment for production on the industrial platform (Palii, 
2021), (Palii, 2022a). Th e development of design methods re-
quires the formation of a certain set of criteria for the classifi ca-
tion of technological processes in outer space, corresponding to 
the classifi er for the need to classify these processes when the 
latter are implemented on a space-industrial platform (Palii, 
2022a). Th e analysis of technological processes implemented in 
outer space makes it possible to form a set of their parameters 
that must be provided on the space industrial platform. Th e use 



136

CHAPTER 6. Specialized inflatable aerodynamic systems

of the classifi er makes it possible to quickly analyze the functional diagrams of 
various technological processes that can be implemented in near space to formu-
late requirements for the methodological development of appropriate design tech-
nologies for both basic industrial platforms and specialized ones.

In general, the industrial platform is equipped with main and auxiliary mod-
ules (Palii, 2023a). Th e main modules include: a hull with a supporting structure, 
a control module, an energy complex, a thermal management module, an ori-
entation and stabilization module, an onboard transport system, an industrial 
module, receiving and shipping docks, and a fi nished product storage module. 
Th e industrial module houses the basic equipment for the implementation of 
technological processes. Th e set of auxiliary modules is determined by the type 
of production. In general, the auxiliary modules are characterized by the follow-
ing list: raw material storage module, raw material primary processing module, 
raw material supply module to process equipment, module for storing and sup-
plying auxiliary substances (water, gas, solution) to process equipment, auxiliary 
substance preparation module, heat removal module from equipment to the plat-
form’s thermal control system, gas removal module from equipment to the plat-
form’s ventilation and gas removal system.

Th e industrial platform has many features, namely (Palii, 2023b): signifi cant 
weight and dimensions of the structure;  modular construction principle; maintain-
ability; use of standardized structural elements, such as unifi ed electrical connectors, 
attachment points and fi xing elements for equipment, etc;  availability of specialized 
docks that include systems for guidance, docking, and fi xing the service spacecraft ; 
availability of the necessary interface for servicing by service space systems.

Th e design scheme of the SIP signifi cantly depends on the requirements of 
the technological processes implemented on it: Th e formation of the SIP design 
depends largely on several criteria arising from the functional features of the plat-
form. Th ese are the following criteria (Palii, 2023b): modularity of the structure, 
type of shell frame, method of shell formation, type of sealing, availability, and 
needs of a special gas environment, availability of special process compartments, 
type of orientation and stabilization, type of power system, type of thermal control, 
availability of microclimate, type of preliminary preparation of raw materials and 
its components. Using these criteria, a classifi cation of the functional features of 
the SIP shell is proposed, the structure of which is shown in Fig. 6.1 (Palii, 2023b).

 Th e monoblock confi guration of SIP is characterized by the placement of all 
components of the platform to ensure the technological process under one shell. 
Its design is determined by a certain set of parameters: weight mоб , dimensional 
characteristics (length lоб, width (diameter) dоб, and height hоб), thickness of the 
shell material об, and material density об. Unlike a monoblock confi guration, a 
modular confi guration consists of a set of modules, so the mass of the platform
will be determined as 

1

n

i
mоб, where i — platform module number, n — number

of platform modules. 
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Fig. 6.1.  Structure of classifi cation of functional features of SIP (see also p. 138)

Th e fl exible frame is made of infl atable polymer or composite material and 
has the following characteristics: weight mГК, length lГК, diameter dГК, thickness 
ГК, material density ГК, weight of the infl ation system mСН

ГК, internal pressure 
pвн

ГК, and gas mass for infl ation mГ
ГК. Th e rigid frame has the following character-

istics: weight mЖК, length lЖК, cross-section area SП
ЖК , thickness ЖК, and material 

density ЖК.
Th e formation of infl atable SIPs is carried out by infl ating and the set of their 

parameters is expanded by the parameters of the supercharging system, namely: 
the mass of the system for storing and supplying gas to the shell mПГ , weight of the 
pressure control system mСКТ , internal pressure of the infl atable platform pвн

НП. 
Th e transformation of the SIP is ensured by the use of specialized units with the 
following characteristics: energy power PП

АТ, weight mАТ, and volume VАТ. As-
sembled SIPs are characterized by the use of additional elements of connection 
and fi xation of modules (EC), which have the following characteristics: number 
of elements nЕЗ, element weight mЕЗ, surface area of the element SП

ЕЗ, material 
thickness ЕЗ, and material density ЕЗ .

When using hermetic SIP modules, sealing is ensured with the help of spe-
cialized assembly equipment. Th e parameters of the supercharging system of 
sealed systems are similar to those of infl atable systems. In this case, the module 
body is made of high-strength materials that can withstand the specifi ed inter-
nal pressure.

If the technological process requires the use of additional gases, the SIP is 
equipped with auxiliary equipment with appropriate systems for storing and sup-
plying these gases to the technological equipment. Th is equipment has the follow-
ing characteristics: gas type, and gas parameters (weight mГ

ДО, gas pressure Pвн
ДО).



138

CHAPTER 6. Specialized inflatable aerodynamic systems

When forming platform modules with compartments, they will have addi-
tional characteristics (the shape of the compartment, which depends on the shape 
of the module, the cross-sectional area of the compartment SП

В, compartment 
length lB, total surface area of the transition zone of the compartment SПЗ

В, char-

Fig. 6.1. Th e end
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acteristics of auxiliary equipment: dimensions of the frame for mounting valves 
(length lp, width (diameter) dp, height hp), frame weight mp, material thickness 
p, material density p, dimensions of the valve (length lЗА, width (diameter) dЗА, 
height hЗА), weight of the valve mЗА, material thickness ЗА, material density ЗА.

When forming modules of a platform with thermal management, they will 
have additional devices with appropriate design characteristics. Th us, when us-
ing a passive thermal management system, the module is equipped with screen-
vacuum thermal insulation with the following characteristics: thermal insulation 
weight mTI, surface area SП

TI, material thickness TI, material density TI, material 
absorption coeffi  cient and TI, material emissivity coeffi  cient TI. When using an 
active thermal control system with a radiator and a heat exchanger, the set of 
module parameters is expanded by the following parameters: weight of the ther-
mal control system mЗTР, radiator weight mР

ЗTР, heat exchanger weight mТ
ЗTР, ther-

mal conductivity coeffi  cient of the radiator material kp
ЗTР and the heat exchanger 

kTO
ЗTР, dimensions of the radiator (length lp

ЗTР, width (diameter) dp
ЗTР, height hp

ЗTР) 
and heat exchanger (length lTO

ЗTР, width (diameter) dTO
ЗTР, height hTO

ЗTР), thickness 
of the radiator material TO

ЗTР and heat exchanger P
ЗTР, density of the radiator 

material p
ЗTР and heat exchanger TO

ЗTР. When using a thermal control system 
with heat pipes, in addition to the radiator and heat exchanger, pipes fi lled with 
refrigerant are used. Th us, the set of SIP parameters is expanded by the following 
list: mass of heat pipes mTT

ЗTР, refrigerant mass mX
ЗTР, number of heat pipes nTT

ЗTР, 
dimensional characteristics of pipes: (length lTT

ЗTР and diameter dTT
ЗTР), internal 

pressure in the pipes pвн
ТТ, refrigerant fl ow rate vX

ТТ, weight of equipment for re-
frigerant circulation mОЦХ, the power of this equipment РОЦХ.

An industrial platform with a microclimate is equipped with special equip-
ment to ensure it. Th is includes, in addition to sealing equipment, ventilation, 
and gas removal systems. In this case, the set of SIP parameters is expanded by an 
additional set: the weight of the ventilation and gas removal system mВГВ, internal 
temperature of the module Tвн, and humidity вн.

Th e implementation of energy-intensive technological processes requires 
signifi cant reserves of electricity on board the spacecraft . In general, the platform 
is equipped with an onboard power system that ensures the functioning of the 
main onboard systems (control, orientation and stabilization, thermal control, 
propulsion systems, etc.). When the capacity of the onboard power system be-
comes insuffi  cient, the platform is equipped with a power system. A distributed 
system can be used, which contains a grouping of power spacecraft  moving in 
higher orbits that are compatible with the spacecraft . Th e main function of energy 
spacecraft  is to accumulate energy on board, convert it into an ultra-high fre-
quency energy beam, and radiate it using an onboard antenna device in the direc-
tion of the spacecraft  receiver. At the receiver spacecraft , the microwave energy 
beam is converted into electrical energy, accumulated and, if necessary, further 
converted back into a microwave beam and transmitted to the SIP. Th e antenna 
device, which is located on the industrial platform, receives the microwave beam, 
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and then, with the help of auxiliary microwave systems, the energy is converted 
into electrical energy and the onboard electrical energy storage devices (batteries, 
supercapacitors, etc.) are charged. Th e capacity of electric energy storage devices 
is determined by the capacity of the energy-intensive technological process. Th e 
set of parameters of the SIP is expanded by the following list: the area of the on-
board solar panels of the SIP SСБ

КІП, power of onboard solar panels PСБ
КІП, capacity 

of on-board electric power storage devices of the SIP QПЗЕ
КІП, the aperture area of 

the on-board antenna device of the SIP Ar
КІП, weight of the device for converting 

microwave energy into electricity mНЕ
КІП, aperture area of the power spacecraft  

transmitter (SCT) At
ЕKA, area of onboard solar panels of the SCT SСБ

ЕKA, power of 
onboard solar panels of the SCT PСБ

ЕKA, mass of the device for converting electri-
cal energy into microwave energy of the SCT mЕН

ЕKA, capacity of onboard electric 
power storage devices of the SIP QПЗЕ

ЕК, aperture area of the power spacecraft -
receiver (SCR) Ar

ПКА, area of the onboard solar panels of the SCR SСБ
ПКА, capacity 

of the onboard solar panels of the SCR PСБ
ПКА, weight of the device for converting 

microwave energy into electrical energy of the SCR mНЕ
ПКА, mass of the device for 

converting electrical energy into microwave energy of the SCR mЕН
ПКА, capacity of 

on-board electric power storage devices of the SCR QПЗЕ
ПКА.

In the implementation of technological processes that require preliminary 
processing of raw materials (heating, melting, grinding), the SIP is equipped with 
appropriate equipment that has the following characteristics: weight of the heat-
ing equipment mОН, for melting mОР and for shredding raw materials mОП, power 
of raw material pretreatment equipment PОПО.

When designing space systems, the following areas of optimization of the 
design characteristics of th e mass and dimensions of the spacecraft  and its mod-
ules are distinguished (Palii, 2023b): reducing the weight of the platform and its 
modules; reducing the size of the platform by optimizing its layout.

It is also possible to combine the above areas when optimizing the SIP pa-
rameters.

When choosing the fi rst direction, it is necessary to decompose the indus-
trial platform to the level of structural elements of its modules. Each vector of 
parameters of the i-th module of the platform for the implementation of the j-th 
technological process (TP) on it can be represented as (Palii, 2023b):

1
1 1 2 3

1
2 1 2 3

2
1 1 2 3

1 2 3

n

k

l

i
j j

P h ,h ,h , h ,

P h ,h ,h , h ,

P h ,h ,h , h ,

P h ,h ,h , h ,

   

   

   

   









                                      (6.1)



141

6.1. Inflatable modules of the space industrial platform

where i
jP  — is a vector of parameters of the i-th platform module depending on 

the j-th type of TP; n,k,l , j  — is the number of parameters of the i-th platform 
module depending on the j-th type of TP.

In turn, the weight of the SIP depends on the parameters of each module and 
the technological process. Th is dependence can be described as follows (Palii, 
2023b):

     
     

     

j j

j j
KI

i i i i i i
j j

m P ,m P m P

m P ,m P m P
M

m P ,m P m P



1 1 1 1 1 1
1 1 2 2

2 2 2 2 2 2
1 1 2 2

1 1 2 2









 ,                          (6.2)

where MКІП — is the vector-matrix of the dependence of the masses of the i-th 
modules on the vector of parameters of the j-th TP;  i i

j jm P  — is the dependence 
of the mass of the i-th platform module on the vector of parameters of the j-th TP.

Th e mass of the SIP at diff erent module confi gurations, depending on the j-th 
TP, can be represented as (Palii, 2023b):
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where Mj — is the mass of the SIP confi guration for the realization of the j-th TP.
If the main parameter of the SIP is its total mass, then the problem of opti-

mizing the mass of the SIP will be in the form (Palii, 2023b):
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opt

opt

opt

opt
j j

M arg min M ,
M arg min M ,
M arg min M ,

M arg min M ,
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

 
                                    (6.4)

where opt
jM  — is the optimal weight of the SIP confi guration for the realization 

of the j-th TP.
Th e stages of optimization are as follows: analysis of technological processes 

implemented on the SIP; formation of clusters of design parameters that need to 
be optimized; construction of a matrix of correspondence of parameters of SIP 
modules to the parameters of technological processes; determination of optimal 
vectors of parameters of platform modules (Palii, 2023b).

6.1.2. State of the art of inflatable 
space systems development

Today, due to the high level of development of  composite materials, space infl at-
able systems have become quite popular in the development of complex orbital 
modules, modules on the ISS, and spacecraft  deorbitalization systems at the end 
of active service lifetime. One example of the development of such orbital mod-
ules is the infl atable space stations designed by NASA (Pedley, 2001), (Atwell, 
2000), (Kennedy, 2016). Th us, from 1992 to 2000. NASA proposes to create a 
residential infl atable module TransHab in orbit (Fig. 6.2).

Th e design feature of the TransHab module was the integration of a rigid 
frame and an infl atable shell into a s ingle structure. Th e base of the module con-
sisted of a soft  fabric transformable shell with built-in micrometeorite and radia-
tion protection. Th e layout diagram of the multilayer material of the Transhab 
infl atable manned module (Fig. 6.3) (Pedley, 2001) shows that the infl atable shell 
consists of multiple layers that perform diff erent functions, specifi cally an out-
er coating for protection against atomic oxygen, deployment system elements, 
multilayer insulation, a protective layer against FCM eff ects, a containment layer, 
duplicate shell layers, and an inner thin layer. Th e multilayer material for isola-
tion (MLI) consists of 42 layers, the characteristics of which are summarized in 
Table 6.1 (Pedley, 2001). From the outside to the inside of the cabin, this package 
contained 20 layers of MLI consisting of 18 inner silver metalized Mylar® layers 
placed inside two outer gold metalized Mylar® layers, 9 layers of NextelTM ce-
ramic fabric, 7 layers of Kevlar® polyaramid liquid crystal polymer (LCP) fabric, 
2 layers of Vectran® aromatic polyester LCP fi lm, 3 layers of Cadpak® HD200 
duplicate layers, and 1 layer of Nomex® fabric, 27 polyaramid LCP.
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Fig. 6.2. Design of the proposed TransHab deployable housing module

A fl exible multi-impact (FMI) FCM protection shield consists of three or 
more stacked layers of ballistic fabrics such as Nextel™ and Kevlar®. Each «stack» 
of materials may contain multiple layers of fabric. Nextel™ is typically used for the 
outer «bumper» layers of the FMI. Ideally, these layers serve to consistently break 
down the SD particles into smaller particles. Kevlar is typically used as the fi nal 
layer of the FMI to trap particles and remaining intact fragments.

Th e FSD shield was hypersonic impact tested by irradiating the material with 
small particles at velocities comparable to space fl ight velocities to simulate the 
eff ects of cosmic radiation and small pieces of space debris. 

Material Number of layers Function

Mylar® with metallized gold 
coating

2 Multilayer thermal insulation

Mylar® with metallized 
silver coating

18 """"""

Ceramic fabric Nextel 9 Infl atable MMOD barrier

Fabric Kevlar® 7 """"""

Film Vectran® 2 Infl atable restraint layer

Fabric Cadpak® HD200 3 Infl atable bladder

Fabric Nomex® 1 Infl atable inner scuff  liner

Table 6.1. Characteristics of multilayer material (Pedley, 2001)
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 A comparison of the original unirradiated material and Kevlar® material ir-
radiated with 700 rad 1 GeV protons showed signifi cantly more perforation dam-
age in the second (middle) and third (last) layers of the irradiated material com-
pared to the original material, more detailed test data are given in (Atwell, 2000).

In the course of the NASA project, a large amount of design research and 
experimental work was carried out, including the creation of full-size mockups 
of the module shell, strength, and thermal-vacuum tests, as well as tests for resis-
tance to micrometeorite breakdown. 

Since 2000, the work was continued by Bigelow Aerospace, which, based on 
the developments of the TransHab project, began development work on the cre-
ation of experimental prototypes and full-size space modules for various purpos-
es. Th us, on April, 16, 2016, NASA together with Bigelow Aerospace transported 
a deployable infl atable living module BEAM (Fig. 6.4) in a SpaceX Dragon con-
tainer to the ISS (Saletta, 2016), (Mathewson, 2017).

Aft er a year-long test of the deployed module on the ISS, the BEAM module 
has shown good results, namely:

• sensors installed inside BEAM showed that the soft  infl atable structure can 
withstand collisions with space debris and micrometeorites, as expected.

• aft er real-time measurements of radiation levels inside the BEAM habitat 
by two active radiation monitors, the data showed that galactic space radiation 
doses inside the BEAM were comparable to galactic space radiation doses com-
pared to other areas of the space station.

Th e successful test of the BEAM habitation module on the ISS set the vector 
for the development of infl atable habitable orbital modules. 

An equally famous example of space infl atable habitable modules develop-
ment is the joint project of NASA and the US National Space Grant Foundation 
(NSGF) to develop X-Hab type ground-based infl atable habitable modules for 

Fig. 6.3. Multilayer material structure of 
the Transhab infl atable manned module. 
MMOD — micrometeoroid and orbital debris

Fig. 6.4. BEAM Infl atable Space Habitat De-
ployable Module on the ISS
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missions to the Moon and Mars. One of the most important, in terms of function-
ality, elements of X-Hab modules is the main support frame (Di Capua, 2011). 
Th e framework consists of tubular beams connected by manifolds (Fig. 6.5). Th e 
beams are designed to create a triangular cage. Th e triangular design also pro-
vides better resistance to lateral loads by allowing lateral loads to be distributed 
over multiple force projections.

Th e proposed X-Hab module has an internal pressure maintenance system, 
power supply system, ventilation system, and automatic control system, making 
it autonomous in case of failure of other lunar or Martian base systems.

 Th e rapid development of space-infl atable habitable module concepts has 
spurred the development of orbital infl atable stations and compounds. One such 
example is considered in the context of creating an orbital station for servicing 
interorbital cargo fl ow, which is based on the proposed use of infl atable manned 
space modules of the BEAM type (Fig. 6.6) (Sobolev, 2017).

When creating such a design of an orbital station, the key value is the pos-
sibility of increasing the working and living volumes of the module while main-
taining its mass allowed for launching by the existing carrier in a single launch us-
ing deploying a large-sized infl atable structure on its frame. Th is technology is a 
logical continuation of the experiment on the deployment of the infl atable BEAM 
habitation module, which makes it possible to create a single-module orbital sta-
tion with suffi  cient working volume, using a single launch into orbit.

Th e above data indicate that infl atable structures for long-term use in space 
conditions are currently successfully passing the stage of fl ight testing and can 
be applied to form a combined design of space industrial platform modules. For 
example, a module for storing fi nished products can be formed by an infl atable 
module, while an industrial module can be formed by a frame-infl atable mod-
ule, the frame of which is rigid. Mounting plates are attached to the skeleton, on 
which the attachment points for technological equipment and interfaces for its 
connection are located.

Fig. 6.5.  Th e architecture of the X-Hab infl at-
able ground module

Fig. 6.6. External view of the symmetri-
cal version of the orbital station
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6.1.3. Aspects of a conceptual design 
of inflatable systems of space industrial platform

 Infl atable modules are designed in such a way as to provide inside them a given 
microclimate, namely a certain humidity, temperature, and pressure. As is known 
(Space Environmental…, 1995), space objects traveling in low-Earth orbits are 
aff ected by the following space factors: ultraviolet radiation from the Sun, cosmic 
electromagnetic radiation, vacuum, atomic oxygen, and small fragments of space 
debris. By analogy with the infl atable modules of orbital stations, the shell of the 
infl atable instrumentation module is formed multilayer, with the upper and part 
of the inner layers performing the function of screen-vacuum thermal insulation, 
and the subsequent layers — protection from damage by small fragments of space 
debris and, if necessary, protection from harsh cosmic radiation.

 Th e body with a load-bearing structure (LBS) consists of a rigid, infl atable, or 
combined frame and mounting plates attached to it. Onboard or process equip-
ment is attached to the plates. Th e weight of the shell with supporting structures  
mOHK in this case is described by the following expression (Palii, 2023a):

  
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where mOi
 — is the mass of the shell of the i-th SIP module; 

iHKm — is the mass 
of the rigid LBS of the i-th SIP module ;

i

H
HKm  — is the mass of the infl atable LBS 

of the i-th SIP module; mMПі— is the mass of the mounting plate of the i-th SIP 
module; is the surface area of the shell of the i-th SIP module; iO

M  — is the thick-
ness of the shell material of the i-th SIP module, which is determined as follows:

 iO
M Of t ,k ,k ,k ,k ,k  1 2 3 4 5                                   (6.9)

tO — the active operating time of the infl atable module; k1 — coeffi  cient that takes 
into account the impact of ultraviolet radiation of the Sun on the shell material; 
k2— coeffi  cient taking into account the eff ect of space electromagnetic radiation 
on the shell material; k3 — coeffi  cient, taking into account the eff ect of vacuum 
on the shell material; k4 — coeffi  cient, taking into account the infl uence of atomic 
oxygen on the shell material; k5 — coeffi  cient taking into account the impact of 

Ж

Ж

Ж
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small space debris fragments on the shell material; iO
M  — is the density of the 

material of the shell of the i-th SIP module; iHKS  — is the cross-sectional area of 
the LBS profi le of the i-th SIP module; iHK

Ml  — is the total length of the LBS edges 
of the i-th SIP module; iHK

M  — is the density of the LBS material of the i-th SIP 
module; iMS 

  – is the surface area of the mounting plates of the i-th SIP module; 
iM

M
  — is the material thickness of the mounting plates of the i-th SIP module;

iM
M
  — is the material density of the mounting plates of the i-th SIP module; 

iHK
CHm — is the mass of the supercharging system of the LBS of the i-th module of 

the SIP, which is described by the following expressions (Palii, 2023a):

iHK
CH 3 CKHm m m m    ,                                  (6.10)
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 ,                                        (6.11)

Bm m m 3  ,                                       (6.12)
B B B

B M Mm S   ,                                       (6.13)

CKH PT DT 3Am m m m   ,                              (6.14)

where mГ — the mass of gas for infl ation of the LBS elements; mЗПГ — the weight of 
the gas storage and supply system for infl ation; mCKH — the weight of the infl ation 
control system; pHT — overpressure in LBS infl atable elements; VHE — the volume 
of infl atable elements of the LBS; Г — molecular weight of the gas for infl ation; 
mБ— the weight of the gas storage cylinder; М

Б — thickness of the gas cylinder 
material; pPT — working pressure in the gas cylinder; dБ — cylinder diameter.

A gas cylinder can have several confi gurations: sphere, torus, and cylinder. 
Th e working pressure in the cylinder is orders of magnitude higher than the am-
bient pressure and the calculation 
of the thickness of the cylinder 
material is performed according 
to the momentless theory. For-
mulas for calculating the mate-
rial thickness of a gas cylinder of 
various confi gurations are given 
in Table 6.2 (Palii, 2023a).

Th e formulas in Table 6.2 in-
dicate: pPT — working pressure in 
the gas cylinder; dБ — cylinder 
diameter; pPT — working pres-
sure in the cylinder;  — tensile 
strength of the cylinder material;  
dТ— torus diameter.

Th e shape 
of the gas cylinder

Cylinder 
material thickness

Cylinder B PT B
M

p d
 

2

Tor
 

 
PT B T BB

M
T B

p d d d
d d


 

 2
.

Sphere
B PT B
M

p d
 

4

Table 6.2. Material thickness of gas cylinder 
for various confi gurations

Б

Б
Б

Б Б
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Table 6.3. Th e surface area of the shell of SIP modules of diff erent shapes

Shell shape Shell surface area Shell shape Shell surface area

Cylinder iO
O O OS , d , d l 21 5708 3 141593

Hexagonal 
rectangular 
parallelepi-
ped

iO
O O OS , d d l 21 299 3

Square 
prism

iO
OS d  23

Octahedral 
rectangular 
parallelepi-
ped

iO
O O OS , d , d l 21 4143 3 062

Square 
rectangular 
parallelepi-
ped

iO
O O OS d d l   2 2

Sphere iO
OS d  2



Table 6.4. Th e cross-sectional area of the ribs of the LBS of various shapes
Th e ribs shape Cross-sectional area Th e ribs shape Cross-sectional area

L-shaped iHKS a 2   T-profi le iHKS , a   20 5   

Channel iHKS a   23 2    Double-T-profi le iHKS , a   21 5   

Table 6.5. Th e total length of the ribs of the LBS 
of the SIP modules shell of various shapes

Shell shape Th e total length of the ribs of the LBS

Cylinder iHK
M O Ol , d l 5 657 4

Square prism iHK
M Ol , d 8 484

Square rectangular parallelepiped iHK
M O Ol , d l 5 657 4

Hexagonal rectangular parallelepiped iHK
M O Ol , d l 6 536 4

Octahedral rectangular parallelepiped iHK
M O Ol , d l 6 12 4

Sphere iHK
M Pl , d 6 924
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Th e following set of shapes of the SIP module shell is proposed: cylinder; 
square prism; square rectangular parallelepiped; hexagonal rectangular parallel-
epiped; octagonal rectangular parallelepiped; and sphere.

Th e formulas for calculating the surface area of the shell of SIP modules of 
various shapes are given in Table 6.3 (Palii, 2023a).

Th e formulas in Table 6.3 indicate: dO — diameter of the shell of the SIP mod-
ule; lO — is the length of the SIP module shell.

At the initial stage of design, the calculation of the supporting structure is 
performed for a structure represented in the form of sets of force elements — ribs, 
which are inscribed in the corresponding shapes: parallelepiped or cube. Th e ribs 
of the supporting structure are represented by standard metal shapes that can 
have the following shapes: L-shaped profi le, channel, T-profi le, and double-T-
profi le. Th e formulas for calculating the cross-sectional area of the ribs and their 
total length are given in Table 6.4 (Palii, 2023a), and the formulas for calculating 
the total length of the LBS ribs are given in Table 6.5 (Palii, 2023a).

Th e formulas in Table 6.4 indicate: aП — the length of the rib base; П — the 
thickness of the profi le material.

 6.2. Aerodynamic systems 
for creating orbital solar radiation screens

Th e problem and general approaches to the creation of aerodynamic solar screens 
are described in the paper (Alpatov, 2023b). Th is problem, on the one hand, is 
connected with the hypothesis of global warming, on the other, aerodynamic so-
lar radiation screens are needed for the countries whose  territories are located in 
«non-convenient» climate zones. Th ese non-convenient» zones, for example, can 
be equatorial, subequatorial, or tropical with a high percent of deserts (Saudi Ara-
bia, UAE, Amman, Izrael, Jordan, etc.), polar and subpolar zones of such coun-
tries as the USA, Canada, Finland, etc. (Fig. 6.7).

Fig. 6.7. Geographical climate zones
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Th us, these climate condition in some periods of the year can impact nega-
tively on some parts of the national economies of these countries such as agricul-
ture, tourism, international trade, food production, etc. 

Taking into account the problem of the creation of climate-control means 
can be devoted to two subproblems:

1) creation of global means of Earth protection from solar radiation in the frame 
of decreasing global warming process (in the frame of global warming concept);

2) creation of regional and local means for time-periodic climate change in 
determined territory of the Earth.

6.2.1. An overview of the most popular concepts 
of Earth’s global climate control

So, in the frames of global warming theory, some concepts of Earth protection 
from the solar radiation impact were developed. One of these concepts is based 
on the Earth’s  orbit change (Zubrin, 2014; Th eresa, 2021). Th e one of most well-
noted scientists of the last decades Robert Zubrin estimated that to increase 
Earth’s distance from the Sun by 5% it is needed the acceleration of 3.8 . 10–14 m/s2 
(Zubrin, 2014). Taking into account the value of Earth’s  mass, R. Zubrin calculat-
ed that to achieve this acceleration it would be needed the force (thrust) of about 
227 billion new tons. In turn, further, it was determined, that thruster to generate 
the force of such value needs a lot of energy (about 4.7 . 1035 J) (Th eresa, 2021). 

Considering these aspects into account, there is no possibility and technol-
ogy to realize this idea today. Th at’s why it can be only a long-term perspective 
for mankind. 

Th e next approach to Earth protection from increasing the intensity of solar 
radiation is based on stratospheric aerosol geoengineering (Davidson, 2012; Bin-
gaman, 2020; Kravitz, 2015; Smith, 2022). So, the aerosol injection in the strato-
sphere using tethered balloons was described in the paper (Davidson, 2012). Th e 
authors carried out a deep analysis of the means of delivering aerosols to altitudes 
up to 20 km in this paper. Th e usage of naval artillery, diff erent types of missiles, 
railguns, coilguns, aircraft s, rigid towers, single-use balloons, retrievable bal-
loons, and tethered balloons were compared in the paper. So, using several crite-
ria of comparison (time at altitude, minimum development time, environmental 
impact, and social impact) it was justifi ed the advantage of the tether balloons 
creation relative to others means. However, the infl uence of aerosols on the ecol-
ogy of the atmosphere has not been carried out. In turn, the new design of using 
«Sail aircraft » for aerosol delivery was proposed in the paper (Bingaman, 2020). 
Using the previous experience of creating airplanes with the high altitude of fl ight 
(RB-57F and U-2S) it was developed a new airplane that can carry about 13600 kg 
of aerosol. Th e planned fl ight altitude where the aerosol injection is started in this 
case is 20 km. It was determined that the approximate cost of the mission using 
«Sail aircraft » would be between $1.1 and $1.5B, (USD FY2020). In turn, taking 
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into account the instability of the oil market, fuel prices can increase which will 
lead to signifi cantly increasing in mission costs. Also, the airplane is an additional 
source of atmospheric pollution which can make its use unattractive from an en-
vironmental point of view.

Ta king into account the diffi  culties of aerosol impact on the stratosphere’s 
chemical properties the authors of the paper (Kravitz, 2015) talked about the ne-
cessity of a signifi cant number of experiments. Th ese experiments are needed for 
clarifying or confi rming /rejecting of present simulation results of geoengineer-
ing research. Also, the scenarios of stratospheric aerosol injection deployment 
which were being analyzed by researchers in the article (Smith, 2022), showed a 
great cost (cost-per-deployed-tone of aerosol is 2400$ at an altitude of 20 km) of 
decreasing the averaged temperature of the Earth by 2 oC. In turn, it was deter-
mined that if this technology is used only for subpolar and polar regions it can 
allow to reduce costs by 3 times. However, decreasing the temperature by 2 oC 
can’t signifi cantly help the planet. Th is can only partially slow down the process of 
melting glaciers in the Arctic and Antarctica, which, in turn, will reduce the pace 
of the rise of the world’s oceans.

Th us, considering the information from the overview related the stratospher-
ic aerosol geoengineering technologies it can be concluded (Davidson, 2012; Bin-
gaman, 2020; Kravitz, 2015; Smith, 2022):

1) the technology has a signifi cant theoretical background;
2) experiments are being carried out in this area, and a signifi cant part of 

them are planned;
3) today there is no clear understanding of which means of aerosol delivery 

are most advantageous to use, the answer is controversial;
4) the full degree of the presented aerosols impact on the ecology of the at-

mosphere (including air, precipitation, etc.) in the long term is not determined;
5) the technology doesn’t operative control of Sun rays protection: there is no 

possibility of operative shading and aft er that lighting (if there is a necessity) of 
the territory;

6) the system has a signifi cant inertia.
Th us, given the properties of these systems, they can be used for tasks of de-

creasing the global warming process and are diffi  cult be use for regional climate-
control with time-periodic shades.

Th e  next concept of Earth climate control is based on the marine cloud 
brightening (Wood…) — (Diamond, 2019). It is the international collaboration 
of atmospheric scientists and other experts to advance the understanding of cloud 
responses to aerosol particles (Wood…). Th e theoretical background of this con-
cept is based on ship track studies and their impact on cloud radiative properties. 
Th is study allowed us to determine the aerosol–cloud radiative interactions and 
their infl uence on Earth’s  albedo (Possner, 2018), (Diamond, 2019). It is assumed 
that the creation of such clouds will enable a better refl ection of the sun’s rays and 
reduce the rate of global warming. However, this concept requires the presence of 
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signifi cant water resources, the delivery of which to certain regions of the Earth 
can be diffi  cult.

Th e  name of the next concept is «Sunshade» (Kosugi, 2010; Sánchez, 2015; 
Fuglesang, 2021). It is based on the usage of special space shading technologies to 
reduce the impact of solar radiation on the Earth. So, the adventures of perspec-
tives of space sunshade creation are described in the paper (Kosugi, 2010). Th e 
author substantiated the need for such systems creation in the context of geoen-
gineering climate control tools development. Th e economic justifi cation of this 
concept has been analyzed, but the technical implementation wasn’t described. 
Th e technology for implementing the «sunshade» system, which is based on the 
deployment of a large circular disk near the Sun-Earth Lagrangian equilibrium 
point L1, is presented in (Sánchez, 2015). Th e paper emphasizes the advantage of 
the location of the disk around the L1 point from the point of view of ensuring 
the balance of the forces acting on this disk. So, the position is determined by 
the condition of compensation of the solar pressure and Earth’s gravity forces by 
the gravitational force of the Sun. It was determined that  to reduce the radiation 
intensity by 1.7%, the radius of the «sunshade» disk should be 915 km. In turn, it 
was calculated that using the disc with a radius of 1434 km can nullify the impact 
of greenhouse gas emissions worldwide (Sánchez, 2015). However, creating and 
launching a disc with such mass-dimensional parameters at point L1 is quite a 
diffi  cult task and requires a lot of energy.

Late r research works in this scientifi c area show the need to create a con-
stellation of «sunshade» spacecraft  (Fuglesang, 2021). It was estimated that for 
reducing the amount of sunlight for the Earth by 1 %, a solar “shield” with an area 
of 3.79 . 1012 m2 would be needed (Fuglesang, 2021). Considering the proposed 
area of 9000 m2 for one sail, it was calculated that from 4.2 . 108 to 1.5 . 109 space 
sail vehicles located in the vicinity of the point L1 would be required to achieve 
the necessary area of the solar «shield». With the existing modern technologies for 
launching satellites into orbits, this will require from 330000 to 830000 launches. 
A rather signifi cant range of these estimates is explained by the use of diff erent 
types of sail confi gurations, especially the diff erence in the Q parameter (sail ef-
fi ciency factor) (Fuglesang, 2021). It is planned that the launches will be carried 
out in orbits close to equatorial, with an altitude of 2000 km. Aft er that, the sailing 
spacecraft , using the thrust of the solar radiation pressure have to perform orbit 
transition to the last destination near the vicinity of the L1 point. According to esti-
mates, the orbital transition time in this case will take 1096 days (Fuglesang, 2021).

However, taking into account the given general models of the functioning of 
«sunshades» systems (Kosugi, 2010; Sánchez,  2015; Fuglesang, 2021), a complete 
mathematical model of such systems functioning was not presented. Also, these 
mathematical models given in works (Biktimirov, 2022; Alpatov, 2016c) describe 
only a special case of peculiarities of «sunshade» modules operation near point 
L1. In turn, the full range of possible orbits for «sunshade» modules location 
hasn’t been analyzed and described.
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In turn,  the analysis of the previous researches (Alpatov, 2023b; Zubrin, 
2014; Th eresa, 2021; Davidson, 2012; Bingaman , 2020; Kravitz,  2015; Smith, 
2022; Wood…; Possner, 2018; Diamond, 2019; Kosugi, 2010; Sánchez, 2015; Fu-
glesang, 2021) show the actuality of global climate-control systems creation. One 
of the perspective directions of such system creation is based on the develop-
ment of «sunshade» space-based systems (Diamond, 2019; Kosugi,  2010; Sán-
chez, 2015; Fuglesang, 2021). In turn, the estimates of the source consumption 
which is required for creation such system make this concept doubtful from the 
point of practical realization both at present time and in near future. However, 
with the development of a new concept of space industrialization (Palii, 2021), 
(Palii, 2022a), the cost of creating such systems can be reduced by using on-orbit 
producing technology. Th is economic eff ect can be explained by the absence of 
need for multiple launches into orbits of «sun-shade» modules which requires a 
lot of costs. On the other hand, the use only «sunshade» technologies for reducing 
solar rays impact to the Earth doesn’t solve the problem of global climate control 
completely. Th is can be explained by the presence of both global warming and 
cooling processes, which can periodically replace each other.

Taking this into account, it is advisable to include both «sunshade» and light-
ing (illuminative) modules of the Earth’s surface as the one of the modules in 
the space-based global climate control system. In turn, the lighting (illumina-
tive) technologies has a great scientifi c background since project «Znamya» until 
modern formation fl ight satellites including «writing sunlight» technologies (Iva-
nov, 2019), (Biktimirov, 2022).

6.2.2.  Peculiarities of aerodynamic shading system creation

Th e one of the ways of «sunshade» system creation can be implemented on the 
base of aerodynamic systems development. Analyzing previous researches of the 
development of «sunshade» systems (Kosugi, 2010; Sánchez, 2015; Fuglesang, 
2021) it can be seen, that only one type of sail geometry and principle of launch 
were proposed in the frames of this concept (one or a lot of fl at sails elements 
which are launched from Earth). However, it can be other approaches of «sun-
shade» module types creation. Th e use of such approaches and the development 
of new types of aerodynamic shading systems (ASS) can signifi cantly increase 
their effi  ciency. Th us, the new structure of ASS is proposed by authors, including 
approaches of ASS modules in-space producing using industrial platform con-
cept (Palii, 2021), (Palii, 2022a). It is assumed that the production of ASS in space 
can expand the possibilities for creating new types of such systems, the produc-
tion of which was previously not available (or diffi  cult available) on Earth condi-
tions. Taking this hypothesis into account it can be determined next structural 
modules of ASS:

1) Space-based industrial platform for ASS modules production;
2) «Sunshade» modules for reducing solar rays impact;
3) Service spacecraft  for ASS transportation and deployment.
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Considering this new approach, it is assumed that service spacecraft  will ex-
ecute a delivering function for ASS modules from the space industrial platform to 
target orbits. Th e delivering process will include two phases — orbital transition 
from space industrial platform orbit to target orbit and deploying of «sun-shade»/
illuminative orbital groups on the target orbit. Taking it into account, there are 
two general types of «sunshade» and illuminative modules of ASS that can be 
distinguished (Fig. 6.8). Th ese types are fl at sail active module (Fig. 6.8, a) and 
volume infl atable passive module (Fig. 6.8, b).

So, the fi rst type of «sunshade» module which is based on the use of fl at sail 
elements requires attitude and angular control. It can be explained by the neces-
sity of providing angular stabilization of fl at sail elements to the directive vector 
of solar radiation fl ux. Th e goal of such orientation and stabilization support is 
providing a maximal «sunshade» area in the case of shading. 

However, using separate spacecraft  with sail elements requires a lot of 
launches of such satellites (Fuglesang, 2021) or a great number of their on-orbit 
producing in the case of the creation of on-orbit industrial plants (Palii, 2021), 
(Palii, 2022a). Taking this into account there is a task of determining the opti-
mal ratio of service spacecraft  number to the sail area. One of the directions in 
this task solving is based on the determination of the required number of ser-
vice spacecraft s that are needed for providing stable motion of the super-large 
sail (Fig. 6.9).

Considering the construction presented in Fig. 6.3 it can be seen that 
the control system of sail attitude motion will be distributed. Taking into ac-
count the control algorithm more rational to synthase using mobile control 
methods (Alpatov, 2016c) and sliding control approaches (Gao, 2021). Thus, 
it can be an additional direction in the development of these control methods, 
which can be interesting for both theoretical and applied engineering aspects 
of science. 

Th e second type of «sunshade» modules is based on the use of passive infl at-
able volume space structures that don’t require providing stability and control. 
So, the main task, in this case, is to determine and develop the most optimal body 
geometry of illuminative modules that allow providing sun rays refl ection to the 
Earth’s  surface during non-oriented free motion. In turn, for «sunshade» mod-

Fig. 6.8. Th e main types of «Sunshade» mo-
dules of space-based climate-control systems: 
1 — Service spacecraft  of ASS; 2 — Mast ele-
ment of the sail; 3 — Flat sails «Sunshade» ele-
ment; 4 — Volume passive «Sunshade» element; 
5 — Compression valve for pressurization
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ules the most optimal body geometry can be sphere, spheroid, and ellipsoid. Th e 
advantage of using passive modules is the absence of onboard energy consump-
tion and propulsion. However, in this case, many other problems arise that need 
to be solved to ensure the normal functioning of such systems. Among these tasks 
are the following:

• determination of the orbits for passive «sunshade» modules location which 
will satisfy the requirements of Earth shading;

• development of the special service spacecraft  which provides delivery and 
deployment of the ASS passive modules groups on selected orbits;

• providing deorbiting of the ASS passive modules groups aft er the fi nish of 
the mission in the case of their location on LEO or transporting to disposal orbits 
with further utilization in the case of location higher than region LEO.

In turn, to solve these problems, the development of ballistic and navigation 
support (BNS) will be required. Structurally BNS model can be divided into the 
next parts:

1) Orbit estimator — the structural part of the BNS mathematical model 
that is needed for the space-based shading and lighting system (SBSLS) modules 
orbital motion analysis including relative motion of SBSLS modules formation 
fl ying.

2) Attitude motion estimator — the structural part of the BNS mathematical 
model that is needed for the analysis of the SBSLS modules motion around their 
centers of mass (COM).

3) Attitude orbital control system (AOCS) — the structural part of the BNS 
mathematical model that is needed for the determination and synthesis of control 
laws of SBSLS attitude motion. 

4) Optical estimator — the structural part of the BNS mathematical model 
that is needed for the determination of illuminating or shading sail/volume ele-
ment areas.

5) Geodetic estimator — the structural part of the BNS mathematical model 
that is needed for determining the current position of the illuminating or «sun-
shade» module position concerning the Earth’s territories and geodetic param-
eters of lighting and shading areas on the Earth’s surface.  

Fig. 6.9.  Special Sun orientation of 
«sunshade» modules: 1 — Number 
of service spacecraft  which provide 
super-sail controllable and stabile 
fl ight; 2  — Super-sail shading ele-
ment
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Taking i nto account the proposed structural components of the BNS it will 
be useful to use reference frames that were fully described in works (Palii, 2022b), 
(Fortescue, 2011), (Golubek, 2020b), and (Bloise, 2010). Th ese reference frames 
are: the J2000 reference frame, WGS-84, Orbital general reference frame (OGRF), 
Local vertical local horizontal (LVLH) (Bloise, 2010) reference frame, STW refer-
ence frame (Fortescue, 2011), Body reference frame (BRF) which is connected 
with i-th SBSLS module (Palii, 2022b). Using these reference frames, it is advis-
able to represent the structure of the mathematical model as a sequence of algo-

Table 6.6. Structure of ballistic and navigational support

Structural 
part 

Reference 
frames General mathematical description 

Orbit
estima-
tor

J2000, WGS-84, 
OGRF, STW
LVLH BRF

Models (2.1—2. 45) in chapter 2
Attitude 
motion 
estima-
tor
Relative 
motion 
estima-
tor
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OGRF, STW

sh

sh
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sin sin cosi cos sin cosi
X

cos sin sin sin
Y sinicos

sin cos cosi cos cos cosi
Z

sin sini cos sini cosi

r c


       

                                                   
 
 

shr

sh

x.sh

y.sh

z.sh

os(u )
r sin(u ) ,

cos cosu sin cosu
sini sinu

sin sinucosi cos sinucosi
V

cos sinu sin sinu
V sinicosu

sin cosucosi cos cosucosi
V sin sini c

 
  
  

      
          
         

              
   

0

shV

T

pr.sh

pr.sh

kj sh.k sc. j sh.k sc. j sh.k sh. j

kj x.sh.k x.sc. j y.sh.k y.sc. j z .sh.k z.sh. j

V
V ,

os sini cosi

X X Y Y Z Z ,

V V V V V V ,





 
 
                
 
 

    

    

0

dR =

dV =

Relative 
motion 
estima-
tor      

kj x.sh.k x.sc. j y.sh.k y.sc. j z .sh.k z.sh. j

kj x.sh.k x.sc. j y.sh.k y.sc. j z .sh.k z.sh. j

V V V V V V ,

dV V V V V V V


    

     
2 2 2

dV =

 

,



157

6.2. Aerodynamic systems for creating orbital solar radiation screens

rithmic blocks with logical and mathematical connections. Considering this, it is 
very convenient to use table form with the order of blocks (Table 6.6).

Th e formulas in Table 6.6 denoted: rsh = [Xsh Ysh Zsh]T is the radius vector of cur-
rent «sunshade» i-th module position in J2000 reference frame; Vsh = [Vx.sh Vy.sh  Vz.sh ]T 
is the velocity vector of current «sunshade» i-th module position in J2000 reference 
frame; DRkj = [Xsh.k–Xsc.j; Ysh.k–Ysc.j; Zsh.k–Ysc.j]T is the relative position vector of  «sun-
shade» k-th module relative to j-th module in «sunshade»/illuminative orbital group;
  pr.xV e sin u

p


    ;   1pr.yV e cos u
p


     ; u is the argument of orbit latitude;

Th e end of the Table

Structural 
part

Reference 
frames General mathematical description
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Geodetic 
estimator

WGS-84 Using iterative algorithm (Zbrutskii, 2011) for determination geo-
detic latitude, longitude and altitude of illumi-native and shading 
modules
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 is the RAAN;  is the argument of perigee; e is the eccentricity of the orbit; p is 
the focal parameter of the orbit;  is the Earth gravitational constant; DVkj = [Vx.sh.k–
Vx.sc.j; Vy.sh.k–Vy.sc.j; Vz.sh.k–Vz.sc.j]T is the velocity vector of current «sunshade»/illumina-
tive i-th module position in J2000 reference frame; lsh is the characteristic size of i-th 
«sunshade» module; dsh is the distance from i-th «sunshade» module to Earth surface 
(current altitude of the orbit); d is the distance from i-th «sunshade» module to Earth 
surface (current altitude of the orbit); R is the Sun radius;  S = 1367 W/m2 is the inten-
sity of solar energy fl ux; S is the amount by which the solar energy fl ux intensity is re-
duced due to shading by i-th «sunshade» module; Rsun is the direction unit vector from 
Earth to Sun in J2000 reference frame; L is the Sun’s ecliptic longitude;  is obliquity of 
the ecliptic;  is the angle that defi nes the entry and exit positions of eclipse/solar parts 
of the orbit; RE is the Earth

average radius; wgs wgswgs
sun sc sun sh.x sun sh.yr r r  




ort =   wgs
sun sh.zr





  is the unit vec-

tor of the direction from Sun to the i-th «sunshade» module and it’s components in
WGS-84 reference frame; wgs

sh.xR  , wgs
sh.yR , wgs

sh.zR  are the coordinates of the i-th «sun-
shade» module current position in WGS-84 reference frame; Tar_line is the target line 
from Sun to the i-th «sunshade» module;  is the non-dimensionless parameter.

6.2.3. Determination of furth er 
research tasks using the developed SBSLS ballistic 
and navigational mathematical model structure

Th e next step of the ASS study will be connected with a conceptual design of «sun-
shade» and illuminative modules (Blanchard, 2014). It is stage corresponds to 
phase A (Conceptual phase) and B (Phase of satellite components requirements 
determination of the development process phases for diff erent spacecraft  (Eick-
hoff , 2009). Using the developed ASS ballistic and navigation support structure it 
can be started two phases of soft ware development for the study «sunshade»/illu-
minative modules orbiting: «algorithm in the loop» (Eickhoff , 2009) and «soft ware 
in the loop» (Eickhoff , 2009). During these phases, it will be necessary to develop 
soft ware that can allow to simulate the ASS module’s fl ight more closely to real or-
biting in space. Aft er that, it is arising many pre-project tasks which are connected 
with the ASS module orbit selection. Among these tasks are the following:

1) determination of the «sunshade» modules target orbits;
2) determination of several «sunshade» modules in each target orbit;
3) determination of the transition orbits for service spacecraft ; 
4) determination deorbiting process of «sunshade» modules at the end of 

the lifetime. 
During solving the fi rst and second tasks of ASS modules orbit selection it 

should be taken into account the «sunshade» or illuminative orbital group effi  cien-
cy. Th is effi  ciency can be determined as a relation of the number of current activat-
ed ASS modules to the total number of ASS modules on selected orbit (Fig. 6.10). 
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So, the activated ASS modules will be referred to as modules that can per-
form «sunshade» tasks at the current time. For example, ASS will be modules that 
are located in a solar part of the orbit and reduce solar radiation fl ux intensity 
above the Earth’s surface (Fig. 6.10). Th e determination of the currently active / 
inactive status of such ASS module can be estimated by solving intersection equa-
tion in «optical estimator» (Table 6.6) with further analysis of geodetic anchoring 
using «geodetic estimator» (Fig. 6.10). In turn, using «orbit estimator» there is a 
task of ASS modules activating/inactivating periodicity determination and some 
activated ASS modules in each time. Th us, it is possible to determine the eff ec-
tiveness of any ASS constellation at the current time in a certain orbit.

Th e third task which is connected with orbit transition determination for 
service spacecraft  includes the next subtasks:

• determination of attitude controllability of service spacecraft  in each work 
mode using «attitude motion estimator»;

• gains selection for attitude motion controller of attitude orbital control 
system;

• calculation of orbit transition maneuver for service spacecraft  using «or-
bital estimator»;

• determination of program attitude spacecraft  orientation in the process of 
passive «sunshade» modules separation. 

Also, in addition to the above, the tasks of AOCS development may arise 
when controlling active «sunshade» modules. In this case, AOCS should provide 
the necessary stabilization of the fl at sail in Sun tracking mode during the shad-
ing mission.

Th e fourth task which is related to the deorbiting process analysis should be 
solved in satisfaction with the requirements of satellite lifetime restriction (Alpa-
tov, 2019b). Th us, solving this list of problems will allow us to select the design 
parameters of the ASS system at the conceptual stages of designing.

Fig. 6.10. SBSLS orbital group 
effi  ciency: 1 — activated ASS 
modules; 2 — inactivated 
ASS modules
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У монографії розглянуто особливості проєктування космічних аеродинамічних систем 
для пасивного керування космічними апаратами. Однією з цілей використання такої тех-
нології є відведення фрагментів космічного сміття з робочих орбіт. Розроблено класифіка-
цію аеродинамічних системи відведення. Класи аеродинамічних систем розподіляються за 
різними критеріями: ступенем жорсткості аеродинамічного елементу, за способом фор-
моутворення аеродинамічні системи відведення, за ознакою модульності конструкції аеро-
динамічного елементу, на групи з використанням трансформації елементів конструкції 
об’єкта залежно від типу матеріалу тощо. 

Для наукових і інженерно-технічних працівників, які працюють у галузі ракетно-кос-
мічної техніки, а також для аспірантів і студентів відповідних спеціальностей.
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